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ABSTRACT
Guidance, navigation, and control (GNC) systems are commonly found in vehicles, whether they
be spacecraft, aircraft, seacraft or landcraft. These systems are designed to bring the vehicle to its
desired position and/or orientation by sensing pose and making the necessary adjustments to
onboard devices. With regard to satellites, GNC systems are divided into two segments: orbit
control, which is concerned with the spacecraft’s position, and attitude control, which is concerned
with the spacecraft’s orientation. The focus of this thesis is to develop the attitude control system
of a CubeSat nanosatellite being designed for the University of Prince Edward Island’s SpudNik1 mission.
The objective of this study was to progress the design of the attitude control system (ACS) from
its conceptual design phase to a state where it is ready for assembly, integration, and testing. To
accomplish this, the engineering design process was applied. Accordingly, the fundamentals of
attitude control were first reviewed in literature. Then, the system-level requirements were
evaluated and the current design’s ability to meet them was assessed. After doing so, the necessary
alterations were made to the conceptual design, such that it would meet the requirements, and the
various methods of requirement verification were defined to verify that this is the case during the
assembly, integration, and testing phase. Once the system-level design had been established, this
process was repeated for the subsystem- and unit-level designs.
In addition to contributing the detailed design of an attitude control system to the Spudnik-1 team,
this work can also serve as a reference for other teams working toward space missions that require
the use of an ACS by providing a comprehensive perspective that focuses on the identification,
integration, and implementation of the major elements of an attitude control system. It not only
offers detailed information on the definition, measurement, modeling, estimation, and control of a
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spacecraft’s attitude, but also identifies: the connections between these concepts; the hardware
used to implement the concepts in a real-world application; and the various considerations that
should be taken during this implementation.
Aside from familiarizing the reader with the methodology behind an ACS system, this work also
describes the procedure that was used to develop the attitude control subsystem of the SpudNik-1
CubeSat. It details: how the requirements of the attitude control subsystem were identified from
the spacecraft’s mission and the corresponding system requirements; how the major components
and concepts of the ACS are identified from the subsystem requirements, and integrated through
the subsystem architecture; how the unit-level requirements are identified based on the subsystemlevel design; and how the implementation of the various components and concepts is dependent
on the unit level requirements.
While a good deal of the design is standard with regard to CubeSats and other aerospace projects,
the original aspects would relate to the in-house design of the reaction wheels and fine sun sensors.
Being as there are a wide selection of ACS components available on the market, it is most common
for CubeSat projects to procure their hardware. Although the lack of flight heritage did pose
additional risk to the mission in comparison to using commercial equipment, the in-house design
allowed the components to be both tailored to the mission and produced at a fraction of the cost.
If the designs manage to gain flight heritage on-board of the SpudNik-1 CubeSat, then this work
will provide readers with standard frameworks which will allow them to reap the same benefits,
but at a lower level of risk.
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INTRODUCTION

In April 2017, the Canadian Space Agency (CSA) announced the Canadian CubeSat Project
(CCP); an initiative designed to: foster an interest of the space industry in youth across the country,
develop students’ expertise in space domains and prepare them to enter the job market through
hands on experience, and advance space science and technology. Partnered with Nanoracks, a
provider of commercial access to space for small research payloads, the CSA provided fifteen
Canadian universities with the funding, expertise, and infrastructure to develop and launch a
CubeSat nanosatellite.
After submitting a project proposal, the University of Prince Edward Island’s (UPEI) Faculty of
Sustainable Design Engineering (FSDE) had been selected to participate in the project in May
2018. As outlined in the proposal, UPEI students are working on the development of a highresolution imaging satellite, known as “SpudNik-1,” for the purpose of advancing precision
agriculture on Prince Edward Island (PEI). The satellite can be split into six subsystems, the:
attitude control system (ACS), command and data handling (CDH) system, structure, payload,
power system, and communication system. The main purpose of this research, which was initiated
in May 2019, is to advance the ACS from where it stood after the first year of the project to a point
where it is ready for assembly, integration, and testing.
The ACS is a part of the spacecraft’s guidance, navigation, and control (GNC) system. GNC
systems are commonly found in vehicles, whether they relate to the aerospace, marine, or
automobile industries. As the name suggests, these systems have three main parts: Navigation,
which refers to the definition of the vehicle’s current position and orientation; guidance, which
identifies the most logical course of action to reach a desired position; and control, which is
associated with the execution of those actions. In particular, the GNC system of a generic satellite
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has two divisions: the ACS, which focuses on rotational motion; and the orbit control system
(OCS), which focuses on translational motion. Note, however, that Nanoracks does not permit the
use of orbit control hardware, and so SpudNik-1 must simply follow the orbit that it is launched
into.
1.1

SPUDNIK-1 OVERVIEW

The objective of the SpudNik-1 mission is “to develop an innovative “CubeSat”-based imaging
system for acquiring spatio-temporal data from agricultural fields on Prince Edward Island through
visible-band imaging.” As shown in Figure 1-2, it is equipped with a custom-made optical payload
designed to capture images with a 2-10 m resolution when referenced from the ground; this
consists of a Python 5000 image sensor mounted at the focal point of a Cassegrain reflector. The
image sensor communicates with the on-board computer (OBC) module, which controls the rest
of the spacecraft. Connected to the OBC board is the power board and the ultra-high frequency
(UHF) transmitter; which are coupled through a PC-104 connection, a common interface used in
the nanosatellite industry.
In addition to conditioning the power received from the solar panels, such that it can be used to
charge the battery, the power board is also responsible for managing the power distribution from
the battery pack to the on-board electronics. As for the UHF transmitter, this is used in combination
with the S-band transmitter to communicate with the ground station, which is to be located on PEI.
Both of these transmitters have their respective antennae to establish a connection with the ground
station. Lastly, the spacecraft is also equipped with sun sensors, an inertial measurement unit,
reaction wheels, and magnetorquers; while most of these are not shown in the figure below, they
are to be discussed as they are the components that make up the ACS.
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1.2

SCOPE OF WORK

As with any engineering project, it is helpful to follow the standard design process, an iterative
procedure which consists of: defining the problem, researching current solutions and relevant
technologies, specifying the most feasible solution, and testing this solution against the
requirements to determine whether it is a valid solution. A common way of representing this
process and how it relates to the system development is by using the standard V-diagram. Figure
1-1 depicts the CSA’s representation of this model, showing the points at which CCP’s design
reviews lie within the process. The left half of the diagram shows that, from the mission concept
review (MCR) to the critical design review (CDR), the project focus should be on designing for
satisfaction of the system-, subsystem-, and unit-level requirements. After CDR, the project focus
switches to assembly, integration, and testing (AIT) of the unit-, subsystem-, and system-level
designs with the ultimate goal of validating that the end system meets the project requirements at
the flight-readiness review (FRR).

Figure 1-1: V-diagram [1] representation of design process, overlayed with a timeline of the CCP design reviews.
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The deliverables of the CSA’s design reviews were a major driving point for setting the priorities
of the project. From the beginning of the CCP project until the MCR, the development of the ACS
was assigned to a team of five undergraduate students, who were also responsible for the design
of the command and data handling (CDH) system. Driven by the deliverables of MCR, they were
focused on identifying mission objectives and their corresponding requirements, defining the
concept of operation, and the conceptual design. Shortly after MCR, the team was disbanded, and
their tasks were converted to a graduate-level project that would carry the ACS through the
preliminary design review (PDR) and conclude after CDR.
Once the design of the ACS was converted to a master-level project, the SpudNik-1 team was
focused on reviewing the requirements, ensuring that the concept of operation would fulfill these
requirements, and assessing the proposed hardware to meet the PDR deliverables. In coordination
with the team’s priorities, these aspects were covered in terms of both the ACS and the C&DH
system, which is fundamental to the operation of the ACS and had no other team member assigned
to it. Once PDR had been successfully completed, the team moved on to the detailed design of
SpudNik-1’s unit-level components for CDR. As the C&DH system was then in a state where it
could be outsourced to an external party, the focus had shifted to be solely on the ACS from this
point onward. Detailed methodologies for the design and testing of the ACS subsystem and it’s
unit-level components will be presented in the sections that follow.
In addition to the more subsystem-specific aspects, the collaborative nature of the SpudNik-1
project meant that it was also important to contribute to the overall effort. A leading role was taken
and, while some of the contribution was as simple as participating in the weekly team meetings,
much of it required days or even weeks of work. Some of these tasks would include: Management
of team meetings and delegation of tasks among team members, onboarding of new team members,
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maintenance of the team’s filesystem, preparation and presentation of various deliverables
required for the CSA’s design reviews (PDR, pre-CDR, and CDR), collaboration with other team
members on the design of their subsystems, the preparation and execution of outreach events
required by the CSA, voluntary participation at both the CSA’s CubeSat workshop and the
European Space Agency’s Ladybird Guide to Spacecraft Operations Training Course, and
obtainment of a “Basic with Honours” Amateur Radio Operator Certificate. All in all, the project
scope was quite broad, including: the detailed design of the ACS, the preliminary design of the
C&DH system, and the necessary contributions for the team to meet the project deliverables.

Figure 1-2: General layout of the SpudNik-1 CubeSat
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LITERATURE REVIEW

The following presents the research that was conducted to understand the fundamentals of attitude
control. The theory presented is the basis on which decisions were made about the attitude control
system.
2.1

ATTITUDE DEFINITION

“Attitude,” which is defined as “the three-dimensional orientation of a vehicle with respect to a
specified reference” [2], can be quantified as the rotational difference between two reference
5

frames. There are many ways to parameterize this rotation, including: rotation matrices, rotation
vectors, Euler angles, and quaternions. As each representation has its own advantages and
limitations, each has its own place in spacecraft attitude control. This being said, it is important to
understand the interpretation of each one and how to convert between them. This chapter will start
with the definition of a reference frame before going into detail on the common frames used in
attitude control and the different methods of parameterizing their orientation.
2.1.1 Frames of Reference
A frame of reference is used to define a basis from which the position of a point can be measured.
Given that the universe consists of three-dimensional space, a three-dimensional reference frame
is required to fully define this position. Such a frame is most commonly defined as a right-handed
set of three perpendicular unit vectors, known as a dextral orthonormal triad [3], which is depicted
below:
𝑟⃗1
𝑭 = [𝑟⃗2 ]
𝑟⃗3

(2.1)

Where 𝑟⃗𝑖 (𝑖 = 1, 2, 3) is a three-element unit row vector, making 𝑭 a nine-element square matrix.
Note, however, that the values of 𝑟⃗𝑖 must be referenced to a frame themselves; assuming that they
are referenced to frame 𝑭, then the resultant matrix will be the identity matrix.
To define an arbitrary vector 𝑣⃗ with regard to frame 𝑭, the following relation can be used [3]:

𝐹

𝑐1
𝑣1
𝑣⃗ = |𝑣⃗| [𝑐2 ] = [𝑣2 ]
𝑐3
𝑣3
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(2.2)

Where 𝑐𝑖 is known as a direction cosine of vector 𝑣 with respect to frame 𝐴; given that 𝜃𝑖 is the
angle between 𝑣 and the 𝑖th basis vector of 𝑭, this is defined as cos 𝜃𝑖 .
2.1.1.1 Earth Centered Inertial Frame
Motion is best described in inertial reference frames [4], or those that do not accelerate; making
them desirable as a reference for defining the orientation of spacecraft. The one that is commonly
used for earth-orbiting spacecraft would be the earth-centered inertial (ECI) frame. As its name
suggests, the origin of the ECI frame lies at the earth’s center of mass; its basis vectors are then
defined such that the frame does not rotate relative to the stars. To do so, the first basis vector is
defined to point from earth’s center of mass to the vernal equinox, where the sun crosses the
equatorial plane during the vernal equinox. The third basis vector then runs in the northern
direction along the earth’s axis of rotation whereas the second basis vector completes the righthanded coordinate system [5]. Being as the earth is naturally subject to precession and nutation,
its rotational axis is not constant with respect to time. As a result, the frame must be specified with
regard to an epoch, or moment in time. One of the more commonly used frames would be the
J2000 frame, which has its basis vectors defined at 1200 hrs on the 1st of January, 2000.
2.1.1.2 Body Frame
A reference frame used in most, if not all, spacecraft would be the body frame [4], whose origin is
defined to be at the spacecraft’s center of mass. While the basis vectors are to be fixed with respect
to the body of the spacecraft, the direction in which they point is somewhat arbitrary; they are
often set forth by standards [6] and/or the desire to align them in a way that maximizes rotational
symmetry. Given that this coordinate system is fixed to the spacecraft, its rotation relative to the
ECI frame can be used to describe the spacecraft’s attitude in relation to inertial space.
Furthermore, being as the on-board sensors and actuators are generally at fixed locations relative
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to the body frame, their measurements and effects are generally related to this common frame with
ease. The body frame of SpudNik-1 is shown by the axes depicted in Figure 1-2. In this case, it
was decided to point the second basis vector, “Y,” toward the only side of the spacecraft that does
not have any solar panels, and the third basis vector, “Z,” opposite to the direction in which the
optical payload points.
2.1.1.3 Earth-Centered Earth-Fixed Frame
While the ECI frame provides the inertial position and orientation of the satellite with respect to
the earth’s center, it does not relate this to the earth’s orientation. To define the state of the satellite
with regard to geographic location, the Earth-Centered Earth-Fixed (ECEF) frame must be defined.
The only difference that the ECEF frame has in comparison to the ECI frame is that it points the
first basis vector in the direction of 0° longitude and 0° latitude [7]. This is defined as the direction
in which the equatorial plane intersects with a curve, known as the prime meridian, which runs
from north to south along the surface of the earth. While the placement of the prime meridian is
arbitrary, the international standard is for it to run through Greenwich, England.
2.1.2 Rotational Parameterization
As previously mentioned, the basis vectors which define a frame must also be expressed with
respect to a frame. While it was stated that this frame could be referenced to itself, this would not
be of much practical use. The definition of one frame with respect to another can employ a nineelement parameterization of rotation. This matrix, which is commonly known as a rotation or
direction cosine matrix, can be used to rotate a vector from one frame to another through matrix
multiplication [5] [3] [8]. Also, in cases where sequential rotations are required, the individual
matrices of each rotation can be multiplied in the correct order to obtain the matrix that defines the
overall rotation. On its own, this representation is most useful when the basis vectors of one frame
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are known in the coordinates of the other frame(s). Unless this is the case, trigonometric functions
will be required to determine these coordinates, which is where Euler angles might be considered
a better representation of the rotation.
Euler’s theorem, which is not to be confused with Euler angles, suggests that the orientation of a
body about some point can be expressed as a single rotation about some axis which runs through
that point [3] [5]. This angle-axis pair can be used to quantify a rotation in two different ways:
using a three-dimensional vector whose direction quantifies the axis and whose magnitude depicts
the angle, or using a scalar value for the angle and a three-dimensional unit vector for a fourparameter representation. The former parameterization is known as a rotation vector. While this
uses far less parameters than the rotation matrix, it cannot be used to rotate a vector from one frame
to the other directly. Instead, it must first be converted to either a rotation matrix or, more likely,
a unit quaternion [8]. The latter parameterization is the basis of the unit quaternion, which will be
discussed.
Euler angles are based on the concept that an overall rotation can be represented as a sequence of
successive rotations about the basis vectors of a frame [5] [3] [8]; the angles about each of these
vectors are used as a three-parameter representation of the rotation. Similar to rotation vectors,
Euler angles cannot be used directly to rotate a vector from one frame to another; instead,
trigonometric functions are typically used to determine the nine elements of the rotation matrix
from the angles [5]. While Euler angles are often the easiest parameterization to visualize, they
can be difficult to implement. The most prominent issue with their implementation is the concept
of gimbal lock, which is defined as a singularity that is produced when certain rotational
combinations result in two of the parameters getting associated with the same basis vector [3] [8].
Other issues would be the fact that trigonometric functions are non-linear and require more
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instruction cycles then arithmetic operations. Note, however, that both of these issues can be
overcome by using small angle approximation to linearize the trigonometric functions. This is a
common approach when it comes to attitude control problems [3] [8].
As previously stated, unit quaternions are derived from the concept of the axis-angle pair, they use
four parameters which are constrained to be of unit norm; one parameter quantifies the angle,
where the other three to quantify the axis [5] [3]. While quaternions are not as easy to visualize
when compared to Euler angles and rotation vectors, they maintain similar properties to rotation
matrices in that they can be either combined or applied to vectors through quaternion
multiplication. This makes them favorable in terms of computation as they: require less than half
the parameters when compared to rotation matrices, do not require repetitive solving of
trigonometric functions [4] [9] [10], and do not produce singularities [4] [9] [10] [11] [12]. Note,
however, that the unity constraint can be troublesome when it comes to optimization problems [8];
in these cases, it may be beneficial to use rotation vectors.
2.1.3 Rotation Matrices
In knowing that a frame’s basis vectors are of unit length, the definition of a rotation matrix can
be derived from Equation 2.1 and Equation 2.2:

𝐴

𝑹𝐴𝐵 = 𝑭𝐵 =

𝐴 ⃗⃗
𝑏1
[ 𝐴𝑏⃗⃗2 ]
𝐴 ⃗⃗
𝑏3

𝑐11
= [𝑐21
𝑐31

𝑐12
𝑐22
𝑐32

𝑐13
𝑐23 ] = [ 𝐵𝑎⃗1
𝑐33

𝐵

𝑎⃗2

𝐵

𝑎⃗3 ]

(2.3)

Where 𝑹𝐴𝐵 is the rotation matrix from frame 𝑨 to frame 𝑩, 𝑎𝑖 (𝑖 = 1, 2, 3) is the 𝑖th basis vector
of frame 𝑨, 𝑏𝑗 (𝑗 = 1, 2, 3) is the 𝑗th basis vector of frame 𝑩, and 𝑐𝑖𝑗 is the direction cosine of the
𝑖 th basis vector of frame 𝑨 with respect to 𝑗th basis vector of the final frame. Conceptually
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speaking, 𝑹𝐴𝐵 can be determined by simply expressing the basis vectors of frame 𝑩 with respect
to frame 𝑨 and using the results as the rows.
In knowing a rotation matrix, any vector known in the coordinates of one frame can be expressed
with respect to the other through matrix multiplication:

𝑹𝐴𝐵

𝐴

𝑐11
𝑐
𝑣⃗ = [ 21
𝑐31

𝑐12
𝑐22
𝑐32

𝑐13 𝑣1
𝑐11 𝑣1 + 𝑐12 𝑣2 + 𝑐13 𝑣3
𝑐23 ] [𝑣2 ] = [𝑐21 𝑣1 + 𝑐22 𝑣2 + 𝑐23 𝑣3 ]
𝑐33 𝑣3
𝑐31 𝑣1 + 𝑐32 𝑣2 + 𝑐33 𝑣3

(2.4)

= 𝐵𝑣⃗
Notice that the 𝑘th component of 𝐴𝑣𝑘 (𝑘 = 1, 2, 3) is multiplied with 𝑐𝑖𝑗 (𝑖 = 1, 2, 3, 𝑗 = 𝑘) to
determine the contribution of this 𝑨-frame component to the 𝑖th basis component of the 𝑩-frame
coordinate. The contributions are then added to get the vector in terms of 𝐵-frame components.
−1 𝐵
From Equation 2.4, it can be seen that 𝐴𝑣⃗ = 𝑹𝐴𝐵
𝑣⃗; in knowing this and the fact that rotation

matrices are defined to be orthogonal, the following relation can be derived for reversing the
rotation between two frames:
𝑇
𝑹𝐴𝐵 = 𝑹−1
𝐵𝐴 = 𝑹𝐵𝐴

(2.5)

In the case of successive rotations, rotation matrices can be combined and expressed as a single
rotation. Depending on whether the rotations are “compounding” or “simple,” there are different
ways of doing so, these are shown in the table below:
Table 2-1: Methods of combining rotation matricies.

Compounding

Simple

𝑹𝑛0 =

𝑹10 … 𝑹21 𝑹𝑛(𝑛−1)

𝑹𝑛(𝑛−1) 𝑹21 … 𝑹10

𝑹0𝑛 =

𝑹(𝑛−1)𝑛 … 𝑹12 𝑹01

𝑹01 𝑹12 … 𝑹(𝑛−1)𝑛
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If the rotations are compounding, then each successive rotation references the final frame of the
preceding rotation. Otherwise, the rotations can be simple in that they each reference the initial
frame. The main difference in finding of the overall rotation matrices for these two cases would
be whether the rotations are multiplied in order or in reverse. Also, being as 𝑹𝑛0 is known to be
𝑹𝑇0𝑛 , the methods of finding these values from successive rotations can be related through the
matrix property that (𝑨𝑩)𝑇 = 𝑩𝑇 𝑨𝑇 .
2.1.4 Rotation Vectors
As previously mentioned, Euler’s theorem suggests that any angular displacement about a single
point can be expressed as a single rotation about some axis which runs through that point [3] [5].
This means that any rotation matrix can be expressed in terms of an axis-angle pair. The axis of
rotation can be defined as the eigenvector with an eigenvalue of 𝜆1 = 1 such that there is no change
to the vector upon rotation [3]. The corresponding angle is simply the desired amount of rotation
about that vector. In knowing the axis-angle pair, a rotation vector 𝑟⃗ which defines a rotation from
frame 𝐴 to 𝐵 can be defined as follows:
𝑟⃗𝐴𝐵 = −𝛼𝐵/𝐴 𝑎̂

(2.6)

Where 𝑎̂ is a unit vector which corresponds to the direction of the axis of rotation and 𝛼𝐵/𝐴 is the
angle of rotation of the 𝐵 frame relative to the 𝐴 frame, all expressed in 𝐴 frame coordinates.
Converting from a rotation vector to a rotation matrix can be done as follows [5]:
𝐑𝐴𝐵 = cos 𝛼 𝐼 + (1 − cos 𝛼) 𝐴𝑎̂ 𝐴𝑎̂𝑇 − sin 𝛼 𝐴𝑎⃗×
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(2.7)

Where 𝐼 is the identity matrix, 𝐴𝑎̂ is the axis of rotation expressed a unit vector in frame A, 𝛼 is
the angle of rotation, and the × operator denotes the formation of a skew-symmetric matrix from
the vector that it is applied as shown below:
0
𝑢
⃗⃗ = [ 𝑢3
−𝑢2
×

−𝑢3
0
𝑢1

𝑢2
−𝑢1 ]
0

(2.8)

By expressing Equation 2.7 in matrix form, it can easily be seen that the following relationships
hold true for defining the axis of rotation 𝑎⃗ from an arbitrary rotation matrix:

𝑎1 =

1 (𝑐23 − 𝑐32 )
2 sin 𝛼

𝑎2 =

1 (𝑐31 − 𝑐13 )
2 sin 𝛼

𝑎3 =

1 (𝑐12 − 𝑐21 )
2 sin 𝛼

(2.9)

Where 𝑐𝑖𝑗 (𝑖 = 1, 2, 3, 𝑗 = 1, 2, 3) are the elements of rotation matrix 𝑹𝐴𝐵 , as defined in Equation
2.3. The angle 𝛼 can be found by taking the trace of 𝑹𝑨𝐵 , which is equivalent to the sum of the
eigenvalues and results in the following relation that can be rearranged for 𝛼:
𝑡𝑟𝑎𝑐𝑒(𝑹𝐴𝐵 ) = 1 + 2 cos 𝛼

(2.10)

Note that a three-dimensional rotation has three degrees of freedom: one from 𝛼 and two from 𝑎⃗,
as it is constrained to be of unit length. [13] [3]
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2.1.5 Euler Angles
A principal rotation is defined as one that is about a basis vector of a frame. Given that a threedimensional frame consists of three basis vectors, it can be derived from Equation 2.7 that such a
rotation can be denoted as one of the following [3] [5]:
1
𝑹𝑖 (𝜙) = [0
0

0
cos 𝜙
− sin 𝜙

cos 𝜃
𝑹𝑗 (𝜃) = [ 0
sin 𝜃
cos 𝜓
𝑹𝑘 (𝜓) = [− sin 𝜓
0

0
sin 𝜙 ]
cos 𝜙

0 − sin 𝜃
1
0 ]
0 cos 𝜃
sin 𝜓
cos 𝜓
0

(2.11)

0
0]
1

Where 𝜙 denotes the angle of rotation about the first basis vector of a frame, known as the roll
angle; 𝜃 denotes the angle of rotation about the second basis vector of a frame, known as the pitch
angle; and 𝜓 denotes the angle of rotation about the third basis vector of a frame, known as the
yaw angle. The fact that each principal rotation is dependent on a single variable means that each
one has just one degree of freedom; from this, it can be determined that an arbitrary threedimensional rotation must be expressed as a combination of at least three principal rotations to be
fully defined [3].
To combine the principal rotations, their individual rotation matrices are multiplied together as
described in Section 2.1.3, recall that the order of this multiplication matters. In the case of simple
rotations, 𝜙, 𝜃, and 𝜓 are the angles at which the first, second, and third basis vectors of frame 𝑩
are displaced relative to those of frame 𝑨. This differs in the case of compounding rotations, where
each principal rotation defines a new frame that is displaced by an angle relative to the
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corresponding basis vector of the preceding frame. As a result, most three-dimensional rotations
can be expressed with 12 different combinations of the angles, depending on the magnitude of the
rotations and the order in which they are multiplied. The different combinations are shown in Table
2-2. While all these combinations are commonly referred to as Euler angle rotations, they are
technically separated into two general classes: Proper Euler angles and Tait-Bryan angles.
Table 2-2: Euler angle rotations where frame 𝑩 is at a specified rotation with respect to frame 𝑨

Proper Euler Angles

Tait-Bryan Angles

𝑹𝐴𝐵 = 𝑹𝑖 𝑹𝑗 𝑹𝑖

𝑹𝐴𝐵 = 𝑹𝑖 𝑹𝑗 𝑹𝑘

𝑹𝐴𝐵 = 𝑹𝑖 𝑹𝑘 𝑹𝑖

𝑹𝐴𝐵 = 𝑹𝑖 𝑹𝑘 𝑹𝑗

𝑹𝐴𝐵 = 𝑹𝑗 𝑹𝑖 𝑹𝑗

𝑹𝐴𝐵 = 𝑹𝑗 𝑹𝑖 𝑹𝑘

𝑹𝐴𝐵 = 𝑹𝑗 𝑹𝑘 𝑹𝑗

𝑹𝐴𝐵 = 𝑹𝑗 𝑹𝑘 𝑹𝑖

𝑹𝐴𝐵 = 𝑹𝑘 𝑹𝑖 𝑹𝑘

𝑹𝐴𝐵 = 𝑹𝑘 𝑹𝑖 𝑹𝑗

𝑹𝐴𝐵 = 𝑹𝑘 𝑹𝑗 𝑹𝑘

𝑹𝐴𝐵 = 𝑹𝑘 𝑹𝑗 𝑹𝑖

Although Euler angle rotations are intuitive, they are subject to a singularity, known as gimbal
lock, that results in the system losing a degree of freedom. This occurs when the second rotation
in a set of proper Euler angle rotations is of 0°, or when the second rotation in a set of Tait-Bryan
angle rotations is of 90°.
2.1.6 Quaternions
There are two matrix-based conventions for denoting quaternions: 𝒒 = [𝑞1
[10], and 𝒒 = [𝑞⃗1:3

𝑞⃗2:4 ]𝑇 as seen in

𝑞4 ]𝑇 as seen in [4] [9] [14] and [12]. Each notation works equally as well,

but the former notation will be used here as this is the convention adopted by the simulation
software that will be used. In either case, the vector value is used to represent the Euler axis of
rotation between two frames where the scalar value represents the magnitude of that rotation. This
can be seen in the following equation:
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𝑞1 = cos

𝛼
2
(2.12)

𝑞⃗2:4 = [𝑞2

𝑞3

𝛼
𝑞4 ]𝑇 = 𝑎̂ sin
2

In knowing the rotation of frame 𝑩 as an axis-angle pair with respect to frame 𝑨, the result would
be 𝒒𝐴𝐵 , or the quaternion from frame 𝑨 to frame 𝑩. Note that the result defines a unit quaternion,
meaning that it is subject to the following constraint:
𝒒𝑻 𝒒 = 1

(2.13)

Much like rotation matrices, quaternions can also be inversed to get the reverse rotation and
multiplied to combine rotations. As seen in the equations below, the inverse quaternion is found
by simply negating the sign of either the scalar part or the vector part.

𝒒𝐴𝐵 = [𝑞1

𝑞⃗2:4 ]𝑇 = ([𝑞1

𝑇 −1

−𝑞⃗ 2:4 ] )

= ([−𝑞1

𝑇 −1

𝑞⃗ 2:4 ] )

(2.14)

−1
= 𝒒𝐵𝐴

To explain quaternion multiplication, it is best to use another notation for quaternions which does
not rely on matrices; this can be seen below:
𝑞 = 𝑞1 + 𝑞2 𝒊 + 𝑞3 𝒋 + 𝑞4 𝒌
𝒊2 = 𝒋2 = 𝒌2 = 𝒊𝒋𝒌 = −1
(2.15)
𝒊𝒋 = 𝒌,

𝒋𝒊 = −𝒌,

𝒋𝒌 = 𝒊,

𝒌𝒋 = −𝒊,

𝒊≠𝒋≠𝒌
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𝒋𝒌 = 𝒊,

𝒌𝒋 = −𝒊

Here, 𝒊, 𝒋, and 𝒌 are three different imaginary numbers. Writing the multiplication with respect to
this notation would be as follows:
𝑞𝐴 ∗ 𝑞𝐵 = (𝑞𝐴,1 + 𝑞𝐴,2 𝒊 + 𝑞𝐴,3 𝒋 + 𝑞𝐴,4 𝒌)
(2.16)
∗ (𝑞𝐵,1 + 𝑞𝐵,2 𝒊 + 𝑞𝐵,3 𝒋 + 𝑞𝐵,4 𝒌)
Expanding and rearranging the right-hand side reveals the following equation:
𝑞𝐴1 𝑞𝐵1 − 𝑞𝐴2 𝑞𝐵2 − 𝑞𝐴3 𝑞𝐵3 − 𝑞𝐴4 𝑞𝐵4
+ (𝑞𝐴1 𝑞𝐵2 + 𝑞𝐴2 𝑞𝐵1 + 𝑞𝐴3 𝑞𝐵4 − 𝑞𝐴4 𝑞𝐵3 ) 𝒊
𝑞𝐴 ∗ 𝑞𝐵 = + (𝑞 𝑞 − 𝑞 𝑞 + 𝑞 𝑞 + 𝑞 𝑞 ) 𝒋
𝐴1 𝐵3
𝐴2 𝐵4
𝐴3 𝐵1
𝐴4 𝐵2
+ (𝑞𝐴1 𝑞𝐵4 + 𝑞𝐴2 𝑞𝐵3 − 𝑞𝐴3 𝑞𝐵2 + 𝑞𝐴4 𝑞𝐵1 ) 𝒌

(2.17)

Converting this back to the matrix notation, it can be determined that:
𝒒𝐵1
𝒒𝐵2
𝒒𝐴 ⊗ 𝒒𝐵 = [𝒒
𝐵3
𝒒𝐵4

−𝒒𝐵2
𝒒𝐵1
−𝒒𝐵4
𝒒𝐵3

𝒒𝐴1
𝒒𝐴2
= [𝒒
𝐴3
𝒒𝐴4

−𝒒𝐵3
𝒒𝐵4
𝒒𝐵1
−𝒒𝐵2

−𝒒𝐴2
𝒒𝐴1
𝒒𝐴4
−𝒒𝐴3

−𝒒𝐵4 𝒒𝐴1
−𝒒𝐵3 𝒒𝐴2
𝒒𝐵2 ] [𝒒𝐴3 ]
𝒒𝐵1 𝒒𝐴4

−𝒒𝐴3
−𝒒𝐴4
𝒒𝐴1
𝒒𝐴2

−𝒒𝐴4 𝒒𝐵1
𝒒𝐴3 𝒒𝐵2
−𝒒𝐴2 ] [𝒒𝐵3 ]
𝒒𝐴1 𝒒𝐵4

(2.18)

Where ⊗ is the standard operator for denoting the multiplication of quaternions when using matrix
notation. Note that this equation is specifically for the matrix notation where the scalar value is the
first element of the quaternion and that this would change if a different convention was to be used.
Table 2-3 depicts the order in which multiplication should occur.
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Table 2-3: Methods of combining rotation quaternions.

Compounding

Simple

𝑞𝑛0 =

𝑞𝑛(𝑛−1) ⊗ … ⊗ 𝑞21 ⊗ 𝑞10

𝑞10 ⊗ 𝑞21 ⊗ … ⊗ 𝑞𝑛(𝑛−1)

𝑞0𝑛 =

𝑞01 ⊗ 𝑞12 ⊗ … ⊗ 𝑞(𝑛−1)𝑛

𝑞(𝑛−1)𝑛 ⊗ … ⊗ 𝑞12 ⊗ 𝑞01

For any unit quaternion, the following operation can be interpreted as the rotation of a vector from
the 𝑨 frame to the 𝑩 frame.
[0
Where [0
2.2

𝐵

𝑣⃗]𝑇 = 𝒒−1
𝐴𝐵 ⊗ [0

𝐴

𝑣⃗]𝑇 ⊗ 𝒒𝐴𝐵

(2.19)

𝑣⃗]𝑇 is known as the vector quaternion [10].

ATTITUDE DETERMINATION

Crassidis and Junkins [15] define attitude determination as the identification of the attitude
parameters which align the measured vectors of the body frame with the modeled vectors of the
inertial reference frame. To expand on this, Markley [13] explains that only unit vectors are used,
stating that length of a vector has no relevant information when it comes to attitude determination.
Recall the fact that unit vectors have only two degrees of freedom whereas a three-dimensional
rotation has three. Both Hall [16] and Markley acknowledge that this makes attitude determination
a unique problem in that a single measurement will lead to an underdetermined attitude where two
measurements will lead to an overdetermined attitude. From this observation, Hall draws the
conclusion that all attitude determination algorithms are really attitude estimation algorithms,
which should not be confused with state estimation algorithms that are to be discussed in Section
2.6. Crassidis and Junkins refer to this as parameter estimation.
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2.2.1 TRIAD
Markley [13] states that the earliest published algorithm for determining spacecraft attitude from
two vector measurements would be the triaxial attitude determination (TRIAD) method. This
algorithm involves the definition of another reference frame, 𝑻 = [𝑡⃗1

𝑡⃗2

𝑡⃗1 × 𝑡⃗2 ], which is to

serve as an intermediate rotation between the body and inertial frames, 𝐵 and 𝐼 . Given two
observation unit vectors, 𝑢
⃗⃗ and 𝑏⃗⃗, the first two basis vectors can be defined as follows:
𝑡⃗1 = 𝑢
⃗⃗
𝑢
⃗⃗ × 𝑏⃗⃗
𝑡⃗2 =
|𝑢
⃗⃗||𝑏⃗⃗|

(2.20)

As stated in [13] and [16], the frame definition is more reliant on 𝑢
⃗⃗ than 𝑏⃗⃗, meaning that 𝑢
⃗⃗ should
be assigned to the most accurate observation vector and 𝑏⃗⃗ should be assigned to the least accurate
observation vector. If 𝑢
⃗⃗ and 𝑏⃗⃗ are known with regard to both the body frame and the inertial
reference frame, then this definition can be used to identify 𝑹 𝑇𝐵 and 𝑹 𝑇𝐼 . Once these have been
determined the attitude matrix can be defined using the equations for compounding rotations found
in Table 2-1:
𝑹𝐼𝐵 = 𝑹 𝑇𝐵 𝑹𝑇𝑇𝐼
2.3

(2.21)

ENVIRONMENT

As explained in Section 2.2, observation vectors are the basis on which the attitude can be
determined. As these are obtained from environmental measurements, they are dependent on the
selected sensor suite. In order of increasing performance, some common attitude sensors used in
low-earth orbiting spacecraft are: Magnetometers, coarse sun sensors, infrared earth sensors
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(IRES), fine sun sensors, and star sensors [17] [4] [18]. As expected, the cost of sensors increases
with performance. As discussed in Section 3.3, it was decided that SpudNik-1 would make use of
fine sun sensors and a three-axis magnetometer.
While the sensors provide measurements of the observation vectors about the body frame, their
ECI coordinates must also be determined. To do so, their expected values can be generated using
a series of models [19] [7]. The first to be discussed is the Ephemeris model [7]; which uses the
current time to provide both the earth-centered inertial (ECI) coordinates of the sun vector and the
quaternion between the ECI and earth-centered earth fixed (ECEF) frames. Assuming that the ECI
coordinates of the spacecraft’s position are known, the resultant quaternion can be used to rotate
this vector to its ECEF coordinates. This can then be used as an input to the international
geomagnetic reference field (IGRF), a model that is commonly used to determine the expected
strength of the earth’s magnetic field given both the current time and the current location of the
spacecraft [19] [7].
In addition to providing a reference for the sensor measurements, environmental models are also
useful when evaluating the attitude dynamics of the spacecraft as discussed in Section 2.5
2.3.1 Ephemeris Model
The Ephemeris model is used to determine astronomical positions and orientations based on
ephemeris data from the Astronomical Almanac, a world-wide standard for astronomical
ephemerides jointly published by the U.S. Naval Observatory and the United Kingdom
Hydrographic Office.
To represent the ECI coordinates of the sun vector, the models presented in the Almanac are used
to find the longitude and latitude of the sun with respect to this frame. To do so, the difference
between the Julian dates that correspond to the time of interest and J2000 must first be determined;
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this information is then used to find the mean anomaly of the orbit, or the earth’s orbital position
expressed as a percentage of the complete orbit. Once the mean anomaly has been found, the
ephemeris models can be used to extract the longitude of the sun with respect to the Earth-centered
ecliptic coordinate system. This is very similar to the ECI frame as the first basis vector points
toward the vernal equinox, but the main difference is that the third basis vector points in the
direction of the ecliptic north pole, rather than earth’s north pole. Based on the definition of this
frame, the ecliptic latitude of the sun is always 0°. In knowing the ecliptic coordinates of the sun
vector, the ECI coordinates can then be determined using the obliquity of the orbit, or the angle
between the earth’s axis of rotation and the north pole of the ecliptic. The ephemeris models can
be used to find this value using only the time differential.
In addition to finding the position of the sun relative to the earth, the ephemeris models can also
be used to estimate the earth’s rotation, specified as a transformation between the ECI and ECEF
frames. Similar to how the ECI coordinates of the sun vector are found, this quantity is also found
using the difference between the Julian dates that correspond to the time of interest and J2000.
Once the time differential has been determined, the Explanatory Supplement to the Astronomical
Almanac [20] provides the information needed to generate the transformation. The result can be
used to rotate the known ECI representation of the position vector to its ECEF coordinates, which
makes it possible to determine the geographic location of the satellite. Knowledge of this quantity
allows for a number of important tasks to be completed, namely, pointing spacecraft toward a
specified target on the Earth’s surface, and finding the geomagnetic field strength at the location
of the satellite [7].
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2.3.2 IGRF Model
Jensen and Vinther [7] explain that the Earth can be approximated as a magnetic dipole with its
north pole near the geographical south pole and its south pole near the geographical north pole,
resulting in a magnetic field that surrounds the earth. They then expand on how the International
Association of Geomagnetism and Aeronomy (IAGA) maintains the international geomagnetic
reference field (IGRF) model used to estimate this field based on the measurements of several
satellites and a number of observatories across the world. On top of modeling the field itself, the
IGRF also models its variation with time. This temporal shift is the reason that the IAGA updates
the model every 5 years. The model is currently in its thirteenth edition, which was released in
December 2019. To implement the IGRF, the user must input the date along with the geocentric
(ECEF) coordinates in the format of latitude, longitude, and altitude; thus producing the local
magnetic field strength vector with respect to that same frame.
2.4

ORBIT DETERMINATION

In Sections 2.2 and 2.3, it was assumed that the ECI coordinates of the spacecraft’s position were
known as, without this information, it would not be possible to determine the ECI reference vectors
from which the attitude is determined. Two ways of finding the orbital position would be to either
use a global navigation satellite system (GNSS), such as the United State’s Global Positioning
System (GPS), or implement an on-board orbital propagator, such as the fourth order simplified
general perturbations (SGP4) model [19] [7]; note, however, that there are many trade-offs
between the two. A spacecraft which relies only on SGP4 requires regular updates of the Keplerian
elements that the algorithm is dependent on, meaning that it must be tracked through external
means and receive regular data uplinks. While the implementation of GPS involves fewer
difficulties and is more accurate, on the order of meters [21] [22] in comparison to kilometers [23],
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the required hardware can be difficult to accommodate within the constraints of a CubeSat project
due to the cost, size, and power requirements [23]. For these reasons, it was decided to use only
the SGP4 propagator on the SpudNik-1 CubeSat.
2.4.1 Simplified General Perturbation Orbit Propagator
While the orbital dynamics could be modeled from basic principles, the model required to make
accurate predictions over a long period of time would be computationally intensive. In order to
deal with this, the North American Aerospace Defence Command (NORAD) developed the
simplified perturbations models which account for only the most significant disturbing forces to
determine the satellite’s position based on a set of equations, rather than integration [23]. The
models are divided into two main sections: simplified general perturbation (SGP) and simplified
deep-space perturbation (SDP); both intended for earth-orbiting spacecraft, the former is for those
with an orbital period of less than 225 minutes where the latter covers the rest. All in all, there are
five models: SGP, SGP4, SGP8, SDP4, and SDP8, with the SGP4 model being the most popular.
In comparison to SGP, SGP4 uses a more extensive gravitational model and implements an
atmospheric model, rather than varying the drag linearly with time. SGP8 then uses these same
models, but implements eighth order integration, rather than fourth order. The two deep-space
models, SDP4 and SDP8, use the same models as SGP4 and SGP8, but they add in the effects of
the sun and moon [24].
2.4.2 Two-Line Element Sets
As previously mentioned, the SGP4 algorithm is dependant on the Keplerian elements. These are
the parameters which define a spacecraft’s position in a Keplerian orbit, they include: Orbital
inclination, right ascension of ascending node, argument of perigee, eccentricity, mean motion,
and mean anomaly. In addition to the Keplerian elements, it is also dependent on the time at which
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those elements were recorded, known as the epoch. Being as the model is simply an approximation,
it has an inherent error, which happens to compound over time. As a result, the model’s accuracy
will decrease as the time from Epoch increases.
In order to keep the accuracy high, regular updates of the orbital parameters are required.
Conveniently enough, NORAD tracks earth-orbiting spacecraft and publishes their Keplerian
elements in the format of two-line element (TLE) sets. These sets are updated each time that the
observed position disagrees with that of the published TLE by 5 km at the 95% confidence level
[23] [7]. As the name suggests, the TLE format consists of two 69-character ASCII encoded lines.
These lines are divided into fields which provide: the information required to identify the
corresponding spacecraft; the time of epoch; the six Keplerian elements; the orbital speed, along
with it’s first and second derivatives; a drag coefficient; and a checksum [7].
2.5

ATTITUDE DYNAMICS

Attitude dynamics are critical when it comes to the estimation and control of a spacecraft’s attitude
over time as they provide a way to describe the motion such that meaningful inferences can be
made and acted upon [3] [5]. This section introduces the basic concepts behind the dynamics of
angular motion before applying them to the problem of a generic spacecraft in three-dimensional
space to derive the relevant equation of motion. Section 2.6 will show how this equation can be
combined with the sensor data to evaluate an optimal attitude estimate.
2.5.1 Moment of Inertia Matrix
The resistance of a spacecraft’s mass to a change in angular motion can be quantified using the
moment of inertia; for rotation about a single axis, this can be described as the sum of each
differential mass element, 𝑚 , of the spacecraft, multiplied with the square of its respective
distance, 𝑟, from the axis of rotation:
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𝐼 = ∫ 𝑟 2 𝑑𝑚

(2.22)

𝑚

Recall from Section 2.1 that there are three degrees of rotational freedom for a spacecraft rotating
in three-dimensional space; this means that there are three principal moments of inertia, one about
each axis:

𝐼𝑥𝑥 = ∫ (𝑟𝑦2 + 𝑟𝑧2 ) 𝑑𝑚,
𝑚

𝐼𝑦𝑦 = ∫ (𝑟𝑦2 + 𝑟𝑧2 ) 𝑑𝑚,

(2.23)

𝑚

𝐼𝑧𝑧 = ∫ (𝑟𝑦2 + 𝑟𝑧2 ) 𝑑𝑚
𝑚

Note, however, that an uneven distribution of mass about any axis means that an effort to change
the motion about one axis will cause a change in the motion about at least one other axis. The six
interaction effects between the axes are known as the products of inertia and are defined as follows:

𝐼𝑥𝑦 = 𝐼𝑦𝑥 = ∫ 𝑟𝑥 𝑟𝑦 𝑑𝑚,
𝑚

𝐼𝑥𝑧 = 𝐼𝑧𝑥 = ∫ 𝑟𝑥 𝑟𝑧 𝑑𝑚,

(2.24)

𝑚

𝐼𝑦𝑧 = 𝐼𝑧𝑦 = ∫ 𝑟𝑦 𝑟𝑧 𝑑𝑚
𝑚

Where 𝐼𝑖𝑗 determines the change in 𝑗 axis motion that will be caused by an effort to change the 𝑖
axis motion. As will be shown in the next section, these can be related to the angular motion
through the use of the following matrix:
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𝐼𝑥𝑥
𝐼 = [−𝐼𝑦𝑥
−𝐼𝑧𝑥

−𝐼𝑥𝑦
𝐼𝑦𝑦
−𝐼𝑧𝑦

−𝐼𝑥𝑧
−𝐼𝑦𝑧 ]
𝐼𝑧𝑧

(2.25)

Note that the orientation of the frame relative to the body’s mass is an important consideration as
it is always possible to find a coordinate system for which the products of inertia are zero [25] and,
unlike a coordinate system that is free to rotate about the body’s mass, a fixed coordinate system
will have a constant value. When it comes to symmetric bodies, the axes of symmetry are those
that will result in the products of inertia being zero [25].
2.5.2 Angular Momentum
Assuming that the body frame 𝐵 is fixed to an inertial element 𝑰 that is free to rotate at an angular
⃗⃗ of that
velocity 𝜔
⃗⃗ about a fixed reference such as the inertial frame 𝐼, the angular momentum ℎ
inertial element can be determined as follows:
⃗⃗𝐵/𝐼 = 𝑰𝜔
ℎ
⃗⃗𝐵/𝐼

(2.26)

Where 𝐵/𝐼 denotes the relative difference between the body and inertial frames. From this
equation, it can be seen that the direction of the angular momentum is not always in the direction
of the angular velocity as the inertia matrix is capable of transforming the velocity vector in terms
of both scale and rotation. In fact, they are only in the same direction if the inertial element is
symmetric and is rotating about a corresponding symmetric axis. Note that each quantity must be
expressed with respect to some arbitrary reference frame; typically, it is most desirable to use the
body frame as it observes a constant moment of inertia.
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2.5.3 Euler’s Moment Equation
The moment acting on a rigid body can be related to its angular momentum through the following
equation:

⃗⃗⃗𝐵/𝐼 =
𝑀

𝑑𝐼
⃗⃗
ℎ
𝑑𝑡 𝐵/𝐼

(2.27)

𝑑

Where 𝑑𝑡𝐼 denotes the time derivative as seen from the inertial frame 𝐼. The derivative of angular
momentum is best represented using the unit-vector representation of the vector; applying the
product rule, it can be found that:
𝑑
𝑑
𝑑
𝑑
𝑑
𝑑
𝑑
⃗⃗ = (ℎ )𝑖̂ + (ℎ2 )𝑗̂ + (ℎ3 )𝑘̂ + ℎ1 (𝑖̂) + ℎ2 (𝑗̂) + ℎ3 (𝑘̂)
ℎ
𝑑𝑡 𝐵/𝐼 𝑑𝑡 1
𝑑𝑡
𝑑𝑡
𝑑𝑡
𝑑𝑡
𝑑𝑡

(2.28)

Where 𝑖̂, 𝑗̂, and 𝑘̂ are the basis vectors of the reference frame. Note, however, that special care
⃗⃗𝐵/𝐼 is referenced from. If the angular momentum is
must be taken with regard to the frame that ℎ
referenced from the inertial frame, then the inertial derivative is found by simply taking the
derivatives of the vector components. As can be seen in the equation below, the last three terms
cancel as the basis vectors of the 𝐼 frame do not change with respect to themselves:
𝑑𝐼
⃗⃗
ℎ
𝑑𝑡 𝐵/𝐼

=

𝑑𝐼 ̂ 𝑑𝐼 ̂ 𝑑𝐼 ̂
ℎ 𝑖 + ℎ 𝑗 + ℎ3 𝑘
𝑑𝑡 1 𝑑𝑡 2
𝑑𝑡

(2.29)

Otherwise, if the angular momentum is referenced from the body frame, then the derivatives of the
first three terms would only provide the rate of change with respect to the body frame. In this case,
the last three terms must be used to account for the rotation of the body frame basis vectors about
the inertial frame.
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𝑑𝐼
𝑑
𝑑
𝑑
𝑑
𝑑
⃗⃗𝐵/𝐼 = 𝐵 ℎ1 𝑖̂ + 𝐵 ℎ2 𝑗̂ + 𝐵 ℎ3 𝑘̂ + ℎ1 𝐼 𝑖̂ + ℎ2 𝐼 𝑗̂
ℎ
𝑑𝑡
𝑑𝑡
𝑑𝑡
𝑑𝑡
𝑑𝑡
𝑑𝑡
(2.30)
𝑑𝐼
+ ℎ3 𝑘̂
𝑑𝑡
The inertial time derivative of a rotating frame’s basis vector can be determined as follows:
𝑑𝐼
𝑢̂ = 𝜔𝐵/𝐼 × 𝑢̂𝐵
𝑑𝑡 𝐵

(2.31)

Where 𝑢̂𝐵 is a basis vector of the rotating frame 𝐵. Using the properties that 𝑟(𝑎⃗ × 𝑏⃗⃗ ) = 𝑟𝑎⃗ × 𝑏⃗⃗ =
𝑎⃗ × 𝑟𝑏⃗⃗ and (𝑎 × 𝑏) + (𝑎 × 𝑐) = 𝑎 × (𝑏 + 𝑐), equations 2.27, 2.30, and 2.31 can be combined to
derive what it known as Euler’s Moment Equation:

⃗⃗⃗𝐵/𝐼 =
𝑀

𝑑𝐵
⃗⃗ + 𝜔
⃗⃗𝐵/𝐼
ℎ
⃗⃗𝐵/𝐼 × ℎ
𝑑𝑡 𝐵/𝐼

(2.32)

Recall from Equation 2.26 that angular velocity and momentum are in the same direction if and
only if the inertial element is a symmetric body rotating about a corresponding symmetric axis;
otherwise, the second term will be non-zero. By expanding the angular momentum and rearranging
for the change in angular velocity, the governing equation of rotational motion can be determined:
𝑑𝐵
× ⃗⃗
⃗⃗⃗𝐵/𝐼 − 𝜔
𝜔
⃗⃗ = 𝐼𝐵−1 (𝑀
⃗⃗𝐵/𝐼
ℎ𝐵/𝐼 )
𝑑𝑡 𝐵/𝐼

(2.33)

2.5.4 Environmental Disturbance Torques
⃗⃗⃗𝐵/𝐼 . Being as the spacecraft
Note that the governing equation is dependent on the total moment 𝑀
is floating in free space, the only external moments acting on it would be the environmental
disturbance torques. As will be discussed, these can be estimated using the models discussed in
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Section 2.3. According to [7] the dominant disturbance torques are those caused by: aerodynamic
drag, when the center of pressure differs from the center of mass; the earth’s magnetic field, when
the on-board components have a residual magnetic dipole; the earth’s gravitational field, when
there are variations in the distances between the differential mass elements of a non-symmetrical
spacecraft and the earth’s center of mass; and solar radiation, also when the center of solar pressure
differs from the center of mass. To incorporate these disturbances, the governing equation can be
rewritten as follows:
𝑑𝐵
× ⃗⃗
𝜔
⃗⃗𝐵/𝐼 = 𝐼𝐵−1 (𝜏𝑑 − 𝜔
⃗⃗𝐵/𝐼
ℎ𝐵/𝐼 )
𝑑𝑡

(2.34)

Where 𝜏𝑑 is the sum of the disturbance torques; as determined from [7], these can be quantified
by the following equations:
𝜏⃗𝑠 = 𝑟⃗𝑐𝑝 × (−𝐶𝐴𝑠𝑎𝑡 𝑃𝑟⃗𝑠 )

(2.35)

Where 𝜏⃗𝑠 is the torque caused by solar radiation, ⃗⃗⃗⃗⃗⃗
𝑟𝑐𝑝 is the distance between the satellite’s center
of mass and the center of solar pressure, 𝐶 is a measure which denotes the reflectivity of the
material, 𝐴𝑠𝑎𝑡 is the cross-sectional area perpendicular to the sun vector, 𝑃 is the momentum flux
imparted by the solar radiation, and 𝑟⃗𝑠 is the sun vector. A value of 1 means that the material is
absorbent, a lesser value indicates translucency, and a greater value indicates reflectivity.
𝜏⃗𝑚𝑎𝑔 = 𝑚 × 𝐵

(2.36)

where 𝜏⃗𝑚𝑎𝑔 is the torque caused by the earth’s magnetic field, 𝑚 is the effective magnetic dipole
moment of the satellite, and 𝐵 is the local value of the earth’s magnetic field.
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𝜏⃗𝑔𝑔 =

3𝜇𝐸
(𝑟⃗ × 𝑰𝑟⃗)
|𝑟⃗|5

(2.37)

where 𝜏⃗𝑔𝑔 is the torque caused by the earth’s gravitational field, 𝜇𝐸 is the geocentric gravitational
constant, 𝑟⃗ is the displacement between the earth’s center of mass and the spacecraft’s center of
mass, and 𝐼 is the satellite’s moment of inertia.
1
𝜏⃗𝑎𝑒𝑟𝑜 = 𝑟⃗ × (− 𝐶𝜌|𝑣⃗|2 𝑣̂𝐴)
2

(2.38)

where 𝜏⃗𝑎𝑒𝑟𝑜 is the torque caused by aerodynamic drag, 𝑟⃗ is the displacement between the center
of pressure and the center of mass, 𝐶 is the drag coefficient, 𝜌 is the atmospheric density, 𝑣⃗ is the
velocity of the spacecraft, and 𝐴 is the cross-sectional area perpendicular to the velocity vector.
Note that 𝑣̂ denotes the unit vector which corresponds to 𝑣⃗.
2.5.5 Control Torques
While it is common for spacecraft missions to fulfill their attitude requirements using only the
effects of environmental disturbance torques, this is not always possible. In many situations,
actuators are required such that the attitude can be controlled through active means. There are two
main types of attitude actuators: those which alter the total angular momentum, and those that do
not. The former is said to apply an external torque, where the latter is said to apply an internal
torque [2]. Given these definitions, the governing equation can be rewritten to include the effects
⃗⃗⃗𝐵/𝐼 ,
of each type of actuator; this is done by adding the external torque, 𝜏𝑐,𝑒 , to the total moment, 𝑀
⃗⃗𝑐/𝐼 , to differentiate the momentum exchange devices from
and adding another momentum term, ℎ
⃗⃗𝐵/𝐼 . In knowing that the
the momentum of the components that are fixed to the body frame, ℎ
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⃗⃗𝑐/𝐼 , the governing equation is determined to be
internal control torque 𝜏𝑐,𝑖 is the rate of change of ℎ
as follows:
𝑑𝐵
×
⃗⃗𝐵/𝐼 + ℎ
⃗⃗𝑐/𝐼 ) )
𝜔
⃗⃗ = 𝐼𝐵−1 (𝜏𝑑 + 𝜏𝑐,𝑒 − 𝜏𝑐,𝑖 − 𝜔
⃗⃗𝐵/𝐼
(ℎ
𝑑𝑡 𝐵/𝐼

(2.39)

Examples of actuators which apply external torques would include thrusters, magnetorquers, and
solar trim tabs [2]; these rotate the spacecraft by either generating a force through the expulsion of
matter, changing the disturbance from the earth’s magnetic field through alteration of the
spacecraft’s magnetic dipole, or altering the disturbance applied by solar pressure through a change
in the reflectivity of an exposed surface. On the other hand, actuators which apply internal torques
would include reaction wheels and control moment gyroscopes (CMG) [2]; these devices are used
to exchange momentum between the spacecraft chassis and a rotating mass. When it comes to
reaction wheels, this mass has a fixed axis of rotation relative to the spacecraft body frame whereas
CMGs are capable of changing this axis.
While actuators which do not rely on external disturbance torques are generally capable of exerting
larger, more reliable, and more accurate torques to the spacecraft, they all have their downsides.
Reaction wheels and CMGs are incapable of changing the total angular momentum and have a
limited amount of momentum that can be stored, depending on the amount of mass being rotated
and the maximum speed of the motor; This is an issue in the fact that the space environment is
constantly applying external torques to the spacecraft. Assuming a non-zero mean disturbance
torque, the total momentum is capable of drifting to large magnitudes over time [2]. If this exceeds
the storage of the momentum exchange device, then the actuator will saturate, meaning that it will
be unable to further reduce the rotation of the spacecraft. On the other hand, thrusters are capable
of exerting external torques on the system, but they have a limited fuel supply. As discussed in
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Section 3.3, it was decided that SpudNik-1 would use a hardware suite involving both reaction
wheels and magnetorquers.
2.6

STATE ESTIMATION

State estimators combine the various sensor measurements of a system and compare them with
those obtained through a system model to find their most probable values; these are then used to
approximate the system’s state, which can be defined as the information required to quantify the
systems dynamic behavior. As stated by Lacey [26], the Kalman filter has long been regarded as
the optimal solution to many tracking and data prediction tasks. According to Lefferts, Markley,
and Shuster [18], its earliest application to orbital guidance and navigation problems was first
published by Farrell [27] in 1964. While it is stated in [18] that there were earlier applications,
these were not published in open literature due to their use in national defense. Since then, the
Kalman Filter has become widely used in attitude determination [14] with many works such as
[19], [7], and [4] being published on its use in CubeSats.
In terms of spacecraft attitude determination, the Kalman filter itself is not directly applicable; this
is due to the assumption that the system can be described by a linear model. As shown in the
sections 2.3 through 2.5, the models to be implemented are non-linear. To account for this
discrepancy, it is common to use various “extensions” to the Kalman filter, such as an extended
Kalman filter (EKF) [19] [18] [28] or an unscented Kalman filter (UKF) [4] [14] [7] [28] [12]. In
general, when comparing the UKF to the EKF, it: captures the mean and covariance of the estimate
to a higher degree of accuracy [29] [14] [4]; has a faster convergence from inaccurate initial
conditions [12] [14]; and is more likely to converge, making it more robust [12]. Vinther et al [4]
suggest that the benefits of using the UKF over the EKF come at the cost of a higher processing
load because the UKF takes the mean after using the model to generate a number of state estimates
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whereas the EKF generates a single estimate after linearizing the model at the value of the previous
estimate. Note, however, that the linearization step of the EKF relies on the derivation of Jacobian
matrices, which can be quite tasking. For this reason, [29] suggests that the computational
complexities of the two filters are of the same order.
2.6.1 State
The state of attitude 𝑥 can be defined as a matrix of the satellite’s angular position and angular
velocity.
𝑥 = [𝑞

𝜔
⃗⃗]𝑇

(2.40)

Where 𝑞 is the angular position, expressed as the quaternion between the body reference frame
and the inertial reference frame, and 𝜔
⃗⃗ is the angular velocity vector, which represents the rate of
change of the body frame’s basis vectors with respect to those of the inertial frame. Note that 𝜔 is
expressed in body frame coordinates. While 𝑥 is a 7-dimensional state vector, it only has 6 degrees
of freedom due to the unity constraint set forth by Equation 2.12. This means that any added noise
should be 6-dimensional, resulting in a 6-dimensional square covariance matrix.
2.6.2 Generic Kalman Filter

Figure 2-1: Flowchart of the generic Kalman Filter
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While the generic Kalman filter, depicted in Figure 2-1, is not directly applicable to attitude
estimation, it will be presented as the UKF and EKF operate on the same principles. The Kalman
filter is a recursive process that operates under the assumption that each state estimate and each
measurement has an associated uncertainty that is represented using a gaussian distribution. The
mean of the gaussian corresponds to the expected state or the average measurement, and the
variance corresponds to the uncertainty or noise. The algorithm begins by projecting a state
estimate through a series of models to determine both the theoretical estimate of the next state,
known as the priori state estimate, and the theoretical sensor measurements at this state. Note,
however, that these models must be linear as non-linear functions can change the distribution such
that it is no longer gaussian. Once the priori estimate and theoretical measurement have been
determined, the uncertainty of the theoretical measurement is then compared to that of the actual
measurement to find the Kalman gain. If the uncertainty of the actual measurement is relatively
large, then the gain will approach zero while the smaller this uncertainty gets in comparison to that
of the theoretical measurement, the closer the gain will get to 1. Once the gain has been computed,
it is used to find an updated, or posteriori, state estimate through a weighted average of the priori
state estimate and the value of the measurement. If the gain is zero, then the posteriori estimate
will be the priori state estimate; the closer the gain gets to 1, the closer the posteriori estimate will
get to the measured value.
2.6.2.1 Process Model:
The generic Kalman filter is an iterative process which uses a process model of the form:
𝑥𝑘+1 = 𝐴𝑥𝑘 + 𝐵𝑢𝑘 + 𝑤𝑘
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(2.41)

Where 𝐴 is the state transition matrix, 𝐵 is the control-input model, 𝑢𝑘 is the control vector, and
𝑤𝑘 is the process noise vector defined to have a mean of zero and a covariance of 𝑄𝑘 . Note that
𝑥𝑘 , 𝑢𝑘 , and 𝑤𝑘 are all discrete variables that change with each iteration of the Kalman filter. Their
subscripts are used to indicate the instance of the Kalman filter’s recursive process that they relate
to. Instance 𝑘 refers to the current iteration where instance 𝑘 + 1 refers to the next iteration and
instance 𝑘 − 1 refers to the previous iteration.
⃗⃗⃗𝑞,𝑘
In the case of spacecraft attitude, the format of 𝑤𝑘 would be [𝑤

𝑤
⃗⃗⃗𝜔,𝑘 ]𝑇 , which has 6

dimensions to account for each degree of freedom of each variable in the state vector. An issue
that stands out when applying the specified state vector to Equation 2.41 would be the dimensional
mismatch between 𝑥𝑘 and 𝑤𝑘 , which will not allow for the addition of noise to the propagated
state vector. While the dimensions could be matched by treating 𝑤
⃗⃗⃗𝑞,𝑘 as a rotation vector and
representing it as the respective quaternion, the noise would still be non-additive as the unity
constraint set forth by Equation 2.13 means that unit quaternions are not closed for addition or
scalar multiplication; another issue that can be resolved through the use of an EKF or UKF.
2.6.2.2 Measurement Model
The generic Kalman filter uses a measurement model with the form of:
𝑧𝑘 = 𝐻𝑥𝑘 + 𝑣𝑘

(2.42)

Where 𝑧𝑘 is the measurement vector, 𝐻 is the observation model, and 𝑣𝑘 is the measurement noise
vector, which is defined to have a mean of zero and a covariance of 𝑅𝑘 . Given a spacecraft
measures its attitude using a 3-axis gyro, a 3-axis magnetometer, and sun sensor(s), the
corresponding measurement vector can be written as [𝑧⃗𝜔,𝑘
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𝑧⃗𝑏,𝑘

𝑧⃗𝑢,𝑘 ]𝑇 whereas the noise vector

would be [𝑣⃗𝜔,𝑘

𝑣⃗𝑏,𝑘

𝑣⃗𝑢,𝑘 ]𝑇 . Note that the noise vector has 9 dimensions to account for each

degree of freedom of each variable.
Being that the models used to determine the theoretical magnetic field and sun vector
measurements give their outputs in inertial frame coordinates whereas the spacecraft’s
measurements are typically taken from the body frame or some geometrically-fixed sensor frame,
it is necessary to convert the theoretical measurements to their body frame equivalents as seen
below.
𝐵

𝑧⃗𝑏,𝑘 = 𝑞𝑘 ⊗ 𝐼 𝑧⃗𝑏,𝑘 ⊗ 𝑞𝑘−1
(2.43)

𝐵

Where 𝐵𝑧⃗𝑢,𝑘 = [𝑢𝑥,𝑘

𝑢𝑦,𝑘

𝐼

𝑧⃗𝑢,𝑘 = 𝑞𝑘 ⊗ 𝑧⃗𝑢,𝑘 ⊗

𝑞𝑘−1

𝑢𝑧,𝑘 ]𝑇 is the sun vector and 𝐵𝑧⃗𝑏,𝑘 = [𝑏𝑥,𝑘

𝑏𝑦,𝑘

𝑏𝑧,𝑘 ]𝑇 is the

magnetic field vector, both expressed with respect to the spacecraft body frame.
2.6.2.3 Initialization
It is necessary to provide the Kalman filter with an initial state estimate 𝑥̂𝑘−1 and the corresponding
covariance 𝑃𝑘−1 . While the values can be considered arbitrary in that the filter will work to correct
them, the time that it takes for the filter to converge on the true value will increase with the
inaccuracy of the estimate. As a result, it is common practice to use the attitude determination
techniques discussed in Section 2.2 to produce this initial value.
2.6.2.4 Prediction:
The priori state estimate 𝑥̂𝑘− and its associated covariance matrix 𝑃𝑘− are determined as follows:
𝑥̂𝑘− = 𝐴𝑥̂𝑘−1 + 𝐵𝑢̂𝑘−1
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(2.44)

𝑃𝑘− = 𝐴𝑃𝑘−1 𝐴𝑇 + 𝑄𝑘

(2.45)

2.6.2.5 Update:
The posteriori state estimate 𝑥̂𝑘 can then be written as a function of the priori estimate 𝑥̂𝑘− , the
Kalman gain 𝐾𝑘 , and the measurement residual or innovation 𝑟𝑘 :
𝑥̂𝑘 = 𝑥̂𝑘− + 𝐾𝑘 𝑟𝑘

(2.46)

The measurement residual is simply the difference between the actual measurement 𝑧𝑘 and the
theoretical measurement 𝑧̂𝑘 = 𝐻𝑥̂𝑘− :
𝑟𝑘 = 𝑧𝑘 − 𝑧̂𝑘

(2.47)

The residual’s covariance matrix is given by the following equation:
𝑃𝑣𝑣 = 𝑃𝑧𝑧 + 𝑅𝑘

(2.48)

where 𝑅𝑘 is the measurement noise covariance matrix and 𝑃𝑧𝑧 = 𝐻𝑃𝑘− 𝐻 𝑇 is the uncertainty of the
theoretical measurement. This covariance matrix is then used to find the Kalman gain:
−1
𝐾𝑘 = 𝑃𝑥𝑧 𝑃𝑣𝑣

(2.49)

where 𝑃𝑥𝑧 = 𝑃𝑘− 𝐻 𝑇 is the cross correlation between the noise of the state vector and the noise in
the measurement. The Covariance of posteriori estimate can then be determined as follows:
𝑃𝑘 = 𝑃𝑘− − 𝐾𝑘 𝑃𝑣𝑣 𝐾𝑘𝑇

(2.50)

In knowing the posteriori estimate 𝑥̂𝑘 and its associated covariance 𝑃𝑘 , the process can be repeated
to provide regular estimates of the dynamic system’s attitude.
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2.6.3 Unscented Kalman Filter

Figure 2-2: Flowchart of the Unscented Kalman Filter

The unscented Kalman filter, depicted in Figure 2-2, is based on the same principle as the generic
Kalman filter. However, rather than passing the mean and covariance of the state estimate through
the models separately, it passes a set of state vectors, known as sigma points. The set is defined
such that it contains the minimal number of the state vectors that completely capture both the mean
and the covariance of the estimate. After passing the sigma points through the two models, the
priori estimate of the state vector and the theoretical measurement vector can be determined from
the mean of the transformed sigma points while their uncertainty and noise matrices can be
determined from their covariance. Once these values are known, the process is essentially the same
as that of the Kalman filter.
2.6.3.1 Initialization:
Just like the generic Kalman filter, the UKF must be provided with an initial state estimate and the
corresponding covariance. Given that the state estimate has 𝑛 degrees of freedom, a set of at least
2𝑛 sigma points is needed to fully capture the mean and covariance of the estimate; to define the
sigma points, a set of noise vectors {𝑊} is first generated such that they have a mean of zero and
a covariance of 𝑃𝑘−1 :
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{𝑊} = 𝑐𝑜𝑙𝑢𝑚𝑛𝑠(𝑆 ∗ ±√2𝑛) = 𝑐𝑜𝑙𝑢𝑚𝑛𝑠(±√2𝑛𝑃𝑘−1 )

(2.51)

where 𝑆 = √𝑃𝑘−1 such that 𝑃𝑘−1 = 𝑆 𝑇 𝑆. Notice that this agrees with Section 2.6.1 in that that a
six-dimensional 𝑃𝑘−1 will provide a set of six-dimensional noise vectors. After the noise vectors
have been found, which can be efficiently done through Cholesky decomposition, the set of sigma
points {𝑋} can then be specified by disturbing the desired mean 𝑋̅ with each of the noise vectors.
As shown in Equation 2.52, the application of the orientation noise is best done by treating the
⃗⃗⃗⃗𝑞 . This can
three respective components of each noise vector as if they define a rotation vector 𝑊
𝛼𝑊

then be converted to a quaternion 𝑞𝑊 = [cos (

2

)

𝛼𝑊

𝑎⃗𝑊 sin (

2

𝑇

⃗⃗⃗⃗𝑞 | and
) ] , where 𝛼𝑊 = |𝑊

⃗⃗⃗⃗𝑞
𝑊

𝑎𝑊 = |𝑊
, such that it can then be multiplied by the desired mean 𝑞̅𝑋 of the previous orientation
⃗⃗⃗⃗ |
𝑞

estimate 𝑞̂𝑘−1 .
𝑞̂̃𝑘−1 = 𝑞̂𝑘−1 ⊗ 𝑞𝑊

(2.52)

Note that ~ is used to denote a disturbed quantity. As the velocity vector is closed to addition, the
velocity noise can simply be added to the desired mean 𝑋̅⃗𝜔 , which is the previous velocity estimate
𝜔
⃗̂⃗𝑘−1 :
̃⃗
⃗⃗⃗⃗𝜔
𝜔
⃗̂
⃗̂⃗𝑘−1 + 𝑊
𝑘−1 = 𝜔

(2.53)

All in all, the sigma points can be determined as follows:
𝑞̅𝑋 ⊗ {𝑞𝑊 }𝑖
{𝑞𝑋 }𝑖
𝑞̂𝑘−1 ⊗ {𝑞𝑊 }𝑖
{𝑋}𝑖 = [ ⃗⃗⃗⃗⃗⃗ ] = [ ̅
]
=
[
⃗⃗⃗⃗𝜔 } ]
⃗⃗⃗⃗𝜔 }
{𝑋𝜔 }𝑖
𝜔
⃗̂⃗𝑘−1 + {𝑊
𝑋⃗𝜔 + {𝑊
𝑖
𝑖
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(2.54)

𝑖 = 1, 2, … , 2𝑛
2.6.3.2 Process Model:
As opposed to the process model of the generic Kalman filter, the UKF expresses the process
model as a function, rather than a transformation matrix, allowing higher-order models to be
implemented. The new representation would be as follows:
𝑥𝑘+1 = 𝐴(𝑥𝑘 , 𝑢𝑘 , 𝑤𝑘 )

(2.55)

In addition to being compatible with higher-order functions, the new representation also allows for
more than just additive noise. Note, however, that the generic Kalman filter uses 𝐴 as the noiseless
connection between the two states whereas the UKF integrates the noise into 𝐴. As the UKF is
derived from the generic Kalman filter, many of its equations make use of the 𝐴(𝑥𝑘 , 𝑢𝑘 , 0)
notation, which denotes a state transformation with no added noise.
There are a number of ways to propagate the state. Looking at the angular velocity component 𝜔
⃗⃗𝑘
of the state vector 𝑥𝑘 , the simplest method would be to assume that the process model components
must only be accurate to the second order. Or, in other words, that the spacecraft has a constant
acceleration. In this case, basic kinematics can be used to derive the following, which is also known
as the forward Euler method:
𝜔
⃗⃗𝑘+1 = 𝜔
⃗⃗𝑘 + 𝛼⃗𝑘 𝑑𝑡

(2.56)

Where 𝛼 is the angular acceleration vector, represented as a matrix of Tait-Bryan angles between
the body and inertial frames; 𝜔
⃗⃗ is the angular velocity vector; and 𝑑𝑡 is the time differential
between instances 𝑘 and 𝑘 + 1.
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Note, however, that the attitude dynamics depicted in Equation 2.39 indicate that the acceleration
of the spacecraft is unlikely to be constant as it depends on a number of factors, such as the various
torques and the angular momentum of the system’s inertial elements. This means that the forward
Euler method will not be accurate for all instances, especially those where the angular velocity is
changing in a non-linear fashion, or those with larger time differentials. To account for this, RungeKutta methods can be used to approximate the solutions of higher order differential equations.
The Runge-Kutta methods are derived from Taylor series expansion of the angular position as a
function of time:
2

3

Δt
Δt
Δt
𝜔
⃗⃗(𝑡 + 𝑑𝑡) = 𝜔
⃗⃗(𝑡) + 𝜔
⃗⃗̇(𝑡) + 𝜔
⃗⃗̈(𝑡)
+𝜔
⃗⃛⃗(𝑡)
1!
2!
3!

(2.57)
⃜
+𝜔
⃗⃗ (𝑡)

4

Δt
+⋯
4!

Substituting 𝜔
⃗⃗̇ for 𝛼⃗, factoring out a Δ𝑡, and adapting the series to follow the 𝑘 notation that has
been used throughout this section, the Taylor series expansion can be written as follows:
2

3

Δt
Δt
⃛⃗ Δt + ⋯ )
𝜔
⃗⃗𝑘+1 = 𝜔
⃗⃗𝑘 + Δt (𝛼⃗𝑘 + 𝛼⃗̇𝑘 + 𝛼⃗̈𝑘
+𝛼
𝑘
2
6
24

(2.58)

Note that for a first-order expansion, where 𝛼⃗𝑘 is constant and the higher-order terms are zero,
this is the exact same as the forward Euler method. The added benefit of the using the Taylor
series expansion is that it increases the accuracy by allowing the effects of the higher-order
derivatives to be factored into the slope of the linear approximation. Note that the accuracy
depends on the number of derivatives that the user includes in the second term of the equation: if
only the first derivative is included, then the approximation is accurate to the first order; if the
first two derivatives are included, then the approximation is accurate to the second order; and so
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on. While an infinite number of derivatives could be included, those which come after the fourth
order derivative are known to have negligible effects in the majority of real-world systems. As a
result, it is common to use only the first four derivatives such as to reduce the processing load.
Although the use of Taylor series expansion will provide an accurate approximation to a higherorder system, it requires the computation of multiple derivatives. This is difficult to implement in
software as differentiation is a continuous operation where processors can only implement
discrete operations. In order to overcome this obstacle, the Runge-Kutta methods are often used
to approximate the derivatives through discrete differencing. The equation used to solve for
angular velocity using the Runge-Kutta methods is as follows:
𝜔
⃗⃗𝑘+1 = 𝜔
⃗⃗𝑘 + Δt(𝑎1 𝑘1 + 𝑎2 𝑘2 + 𝑎3 𝑘3 + 𝑎4 𝑘4 + ⋯ )

(2.59)

Where 𝑘𝑖 represents a slope on the 𝜔
⃗⃗-𝑡 plane that approximates the 𝑖th-order derivative, and 𝑎𝑖
represents the weight assigned to the respective 𝑘 value. Each order of the Runge-Kutta methods
has its own slope calculations and assigned weights. Those for the fourth-order Runge-Kutta
method (RK4) are as follows:

𝜔
⃗⃗𝑘+1 = 𝜔
⃗⃗𝑘 +

Δt
(k + 2k 2 + 2k 3 + k 4 )
6 1

𝑘1 =
𝑘2 =

𝑑𝜔
|
𝑑𝑡 𝑡=𝑡𝑘,𝜔=𝜔𝑘

𝑑𝜔
|
𝑑𝑡 𝑡=𝑡𝑘+Δ𝑡,𝜔=𝜔𝑘+𝑘1Δ𝑡,
2

2

𝑑𝜔
𝑘3 =
|
𝑑𝑡 𝑡=𝑡𝑘+Δ𝑡,𝜔=𝜔𝑘+𝑘2Δ𝑡
2

2

𝑑𝜔
𝑘4 =
|
𝑑𝑡 𝑡=𝑡𝑘+Δ𝑡,𝜔=𝜔𝑘+𝑘3Δ𝑡
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(2.60)

Where

𝑑𝜔
𝑑𝑡

is otherwise known as Equation 2.39. Once this equation has been solved at each of the

specified parameters to determine the 𝑘 values, the propagation can be done by simply plugging
those values in to solve for 𝜔
⃗⃗𝑘+1 .
In addition to angular velocity, the process model must also propagate the angular position of the
spacecraft. This can also be done using the RK4; note, however that the quaternion’s derivative is
easiest found using the following equation:

𝑞𝑘̇ = [

0
−𝜔
⃗⃗𝑘

𝜔
⃗⃗𝑘
]
−𝜔
⃗⃗𝑘×

(2.61)

Recall that 𝜔
⃗⃗𝑘× is the skew-symmetric matrix which corresponds to 𝜔
⃗⃗𝑘 .
2.6.3.3 Measurement Model
Like the process model, the measurement model is also represented as a function:
𝑧𝑘 = 𝐻(𝑥𝑘 , 𝑣𝑘 )

(2.62)

where 𝐻(𝑥𝑘 , 0) is used to represent a transformation from the state vector 𝑥𝑘 to the measurement
vector 𝑧𝑘 without any added noise. This is found to be:
𝜔
⃗⃗𝑘 + 𝑣⃗𝜔
𝑧𝑘 = 𝐻(𝑥𝑘 , 𝑣𝑘 ) = [ 𝑞𝑘 ⊗ 𝑏𝑘 ⊗ 𝑞𝑘−1 + 𝑣⃗𝑏 ]
𝑞𝑘 ⊗ 𝐼𝑢𝑘 ⊗ 𝑞𝑘−1 + 𝑣⃗𝑢
𝐼

(2.63)

Where 𝑏𝑘 is the modeled magnetic field vector, and 𝑢𝑘 is the modeled sun vector.
2.6.3.4 Prediction:
Recall from Section 2.6.3.2 that the process model assumes that the process noise is added before
the state is propagated through the state transition function; which means that the sigma points
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must also be disturbed before propagation. To do so, the process noise can be added to the
distribution of the sigma points, which means that the matrix 𝑆 = √𝑃𝑘−1 used in Equation 2.51
would instead be 𝑆 = √𝑃𝑘−1 + 𝑄 . After obtaining the disturbed sigma points, they can be
propagated through the process model as follows:
{𝑌} = 𝐴({𝑋}, 𝑢𝑘 , 0)

(2.64)

The priori state estimate and its covariance can then be determined by finding the mean and
covariance of {𝑌}.
𝑥̂𝑘− = 𝑚𝑒𝑎𝑛({𝑌})

(2.65)

𝑃𝑘− = 𝑐𝑜𝑣𝑎𝑟𝑖𝑎𝑛𝑐𝑒({𝑌})

(2.66)

The mean velocity of {𝑌} can be determined by simply taking the sum of all points and dividing
by the number of points. Recall, however, that quaternions are not closed for addition or scalar
multiplication and so their mean cannot be taken directly. To work around this, the mean of the
corresponding rotation vectors can be taken and then converted back into a quaternion.After
finding the mean value of {𝑌}, the covariance can be determined by taking the sum of the squared
differences between each point and the mean, then dividing by the number of points:
2𝑛

𝑃𝑘−

1
=
∑[{𝑌} − 𝑌̅][{𝑌} − 𝑌̅]𝑇
2𝑛

(2.67)

𝑖=1

Note, however, that this equation cannot be directly implemented since {𝑌} expresses the
orientation in terms of quaternions. This is problematic as the subtraction cannot be done and the
resultant 𝑃𝑘− is a seven-dimensional square matrix, rather than a six-dimensional square matrix like
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𝑃𝑘−1 . Recall from Section 2.6.3.1 that the sigma points {𝑋} are simply a set of vectors that were
determined by disturbing a mean value 𝑋̅ = 𝑥̂𝑘−1 with a set of six-dimensional noise vectors {𝑊}.
If not for the fact that quaternions are non-additive, this could be written as {𝑋} = 𝑋̅ + {𝑊}, which
can be rearranged to find that {𝑊} = {𝑋} − 𝑋̅. In a similar way, Equation 2.67 can be rewritten as
a function of noise vectors by substituting {𝑌} − 𝑌̅ for {𝑊′}.
2𝑛

𝑃𝑘−

1
=
∑{𝑊′}{𝑊′}𝑇
2𝑛

(2.68)

𝑖=1

⃗⃗⃗⃗⃗⃗′ } are used to express the orientation
Here, the first three components of each vector in the set of {𝑊
error {𝑞𝑊 ′ }𝑖 = {𝑞}𝑖 ⊗ 𝑞̅ −1 and the last three simply express the differential error in the velocity
⃗⃗⃗⃗⃗⃗′ 𝜔 } = 𝜔𝑖 -𝜔
{𝑊
̅.
2.6.3.5 Update:
Unlike the process model, the measurement model does not assume that the noise is added before
the associated function; this means that the propagated sigma points can first be transformed by
the measurement function to find the expected measurements before adding the noise, which is
done in Equation 2.48 of the generic Kalman filter. Transforming the propagated sigma points:
{𝑍} = 𝐻({𝑌}, 0)

(2.69)

The estimated measurement and its covariance can then be determined as follows:
𝑧̂𝑘 = 𝑚𝑒𝑎𝑛({𝑍})

(2.70)

𝑃𝑧𝑧 = 𝑐𝑜𝑣𝑎𝑟𝑖𝑎𝑛𝑐𝑒({𝑍})

(2.71)
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where the mean and covariance are calculated as they were in Section 0. Aside from the cross
correlation between the noise of the state vector and the noise in the measurement 𝑃𝑥𝑧 , which can
be found using the equation below, the remaining steps for finding the posteriori state estimate 𝑥̂𝑘
and its covariance 𝑃𝑘 are the same as they were for the generic Kalman filter in section 2.6.2.5.
2𝑛

2𝑛

1
1
𝑃𝑥𝑧 =
∑[𝑊𝑖′ ][𝑍𝑖 − 𝑧𝑘− ]𝑇 = ∑[𝑌𝑖 − 𝑥̂𝑘− ][𝑍𝑖 − 𝑧𝑘− ]𝑇
2𝑛
2𝑛
𝑖=1

2.7

(2.72)

𝑖=1

ATTITUDE GUIDANCE AND CONTROL

The information presented so far represents the “navigation” segment of an attitude control system.
Given both the output orientation of the navigation segment and the desired orientation of the
satellite, the “guidance” segment is relatively simple. First, it must determine whether the
spacecraft’s total angular momentum is low enough to be managed by the reaction wheels and, in
the case that it is not, it must then instruct the “control” segment to reduce the velocity. Note,
however, that the “tumbling,” or the high rate of rotation of a spacecraft, can also cause a
significant increase in the uncertainty of sensors which detect celestial bodies. This is especially
concerning during launch as the lack of historical data makes it difficult to get an accurate state
estimate. A common method of detumbling a satellite in low-earth orbit would be to use the BDot algorithm which this makes use of the fact that a spacecraft with no inertial rotation should
sense a low rate of change in the magnetic field vector relative to a tumbling spacecraft.
Once the satellite’s angular momentum has been reduced, the guidance segment must then
determine the error quaternion between the target orientation and the current orientation such that
the control segment can excite the actuators accordingly. This is done as follows:
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𝑞𝐸 = 𝑞 −1 ⊗ 𝑞𝑇

(2.73)

where 𝑞𝐸 is the error between the target 𝑞𝑇 and current 𝑞 quaternions. Given the error, the control
segment must then minimize this value. The most common way of doing so would be to implement
a proportional-derivative (PD) control law.
2.7.1 B-Dot Algorithm
As discussed in Section 2.3, the local magnetic field vector as viewed from the inertial frame is
dependent on the spacecraft’s geographic position and the instant in time. Note, however, that the
vector does not have a high rate of change as spacecraft in low-earth orbit generally take about 1.5
hours to revolve around the earth and the earth’s field itself changes extremely slowly in relation
to that. As a result, spacecraft which are fully detumbled such that 𝐼|𝜔
⃗⃗|𝐵 = 0 will find that that
their body-frame measurements of the local magnetic field are more or less constant. On the other
hand, spacecraft which are tumbling such that 𝐼 |𝜔
⃗⃗|𝐵 ≫ 0 will detect a higher rate of change in
their measurements due to the rotational speed of the satellite, resulting in the following relation:

𝐼

⃗⃗̇
𝜔
⃗⃗𝐵 ∝ − 𝐵𝐵

(2.74)

⃗⃗̇ is the
where 𝐼𝜔𝐵 is the angular speed of the body frame with respect to the inertial frame and 𝐵𝐵
rate of change of the local magnetic field vector in body frame coordinates. The B-Dot algorithm
makes use of this phenomenon to generate a moment that is opposite to the spacecraft’s direction
of motion, thus slowing the satellite’s rotation:
⃗⃗⃗ = −𝑘 𝐵𝜔
⃗⃗̇
𝑀
⃗⃗𝐵 ≈ 𝑘 𝐵𝐵
⃗⃗⃗ is the desired moment and 𝑘 is a control gain.
where 𝑀
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(2.75)

2.7.2 Magnetic Control
⃗⃗, a specific
For the magnetorquer to apply a desired torque 𝜏⃗ while in a given magnetic field 𝐵
magnetic moment 𝑚
⃗⃗⃗ must be applied. The equation relating these quantities is as follows:
⃗⃗
𝜏⃗ = 𝑚
⃗⃗⃗ × 𝐵

(2.76)

Given that the torque is perpendicular to the magnetic moment and field vectors, the magnetic
moment vector can be solved for as follows:

𝑚
⃗⃗⃗ =

|𝜏⃗|
⃗⃗ | sin(𝜃)
|𝐵

𝑛̂

(2.77)

⃗⃗ to 𝜏⃗
Where 𝑛̂ is the unit vector defined by applying the right-hand-rule while sweeping from 𝐵
and 𝜃 is the angle which sweeps from the magnetic moment vector to the magnetic field vector.
Note, however, that there are currently two unknowns as 𝑚
⃗⃗⃗ is the value being solved for and 𝜃 is
dependent on its direction. This indicates that there are an infinite number of solutions where 𝑚
⃗⃗⃗
can vary in terms of magnitude and direction. To select one of these solutions, an angle could be
arbitrarily selected, but it should be noted that the magnetorquer will supply the most torque for
the least amount of magnetic moment when 𝜃 is 90 degrees. Using this value both increases the
efficiency of the magnetorquer and simplifies the equation such that the magnitude of the magnetic
moment can be found as follows:

|𝑚
⃗⃗⃗| =

|𝜏⃗|
𝑛̂
⃗⃗ |
|𝐵

(2.78)

Recall that this equation assumes that the torque is perpendicular to both the magnetic field and
dipole vectors. While this is true for the dipole vector, it is only true for the field vector in a very
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specific case. In fact, if the magnetic field vector is aligned with the desired torque vector, it is not
possible for the magnetorquers to exert that torque. Note, however, that the B-dot algorithm takes
this into account as a spacecraft rotating about the magnetic field vector will not detect a change
in the measurement whereas one rotating about an axis perpendicular to that vector will see the
greatest rate of change. As a result, the system will not apply any torque in the first case, but will
apply the greatest amount of torque in the second.
In knowing the magnitude and direction of the magnetic moment required to produce the desired
torque, it is then possible to vary the current through the magnetorquers such that this torque can
be achieved. The required current can be determined as follows:
1
𝑛𝑥 𝐴𝑥
𝑚
⃗⃗⃗𝑥
1
𝑚
⃗⃗⃗
⃗𝐼 =
⃗⃗⃗𝑦 ]
=
∘ [𝑚
𝑛𝑦 𝐴𝑦
𝑛𝐴
𝑚
⃗⃗⃗𝑧
1
[ 𝑛𝑧 𝐴𝑧 ]

(2.79)

Where 𝑛 is the number of turns, 𝐼 is the current, and 𝐴 is the cross-sectional area of the
magnetorquer.
2.7.3 PD Position Control
The following control law is derived from Equations 2.9 and 2.10 such that it will rotate the
spacecraft about the axis of rotation that exists between the current and desired orientations:
1
𝑇𝑐𝑥 = − 𝐾𝑥 (𝑅𝐸 32 − 𝑅𝐸 23 ) + 𝐾𝑥𝑑 𝜔𝑥
2
(2.80)
1
𝑇𝑐𝑦 = − 𝐾𝑦 (𝑅𝐸 13 − 𝑅𝐸 31 ) + 𝐾𝑦𝑑 𝜔𝑦
2
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1
𝑇𝑐𝑧 = − 𝐾𝑧 (𝑅𝐸 21 − 𝑅𝐸 12 ) + 𝐾𝑧𝑑 𝜔𝑧
2
−1
Where 𝑇𝑐 is the control torque, the 𝐾 variables are control gains, and 𝑅𝐸 = 𝑅𝐵 𝑅𝑡𝑎𝑟
is the error

matrix between the body and target frames. The first term of the control law, known as the
proportional or “P” term, references the off-diagonal elements of the error matrix. These represent
the dot products between the unlike basis vectors of the two frames. As the proportional term has
a tendency to zero the off-diagonal elements, the unlike basis vectors of each frame become
perpendicular to one another, thus aligning the frames. Note from Equation 2.33, however, that a
double integral is required when trying to solve for position. As a result, a derivative or “D” term
is required to prevent the spacecraft’s inertia from causing an overshoot in attitude, or even a
marginally stable response. The combined terms form a proportional-derivative (PD) controller.
While the control law presented in Equation 2.80 is effective in that it specifies the shortest angular
path for the spacecraft to follow, it is computationally intensive as each element of the error matrix
must be repeatedly calculated; a process that involves integration. Alternatively, the same effect
can be implemented using the more efficient method of quaternions. The updated control law is
given by:
𝑇𝑐𝑥 = 2𝐾𝑥 𝑞𝐸 2 𝑞𝐸 1 + 𝐾𝑥𝑑 𝜔𝑥
𝑇𝑐𝑦 = 2𝐾𝑦 𝑞𝐸 3 𝑞𝐸 1 + 𝐾𝑦𝑑 𝜔𝑦

(2.81)

𝑇𝑐𝑧 = 2𝐾𝑧 𝑞𝐸 4 𝑞𝐸 1 + 𝐾𝑧𝑑 𝜔𝑧
While integration is still required, it is only needed to find three elements of the quaternion since
the other can be found through the unity constraint outlined in Section 0; thus reducing the required
number of integrations by a factor of three when comparted to rotation matrices.
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3

DESIGN METHODOLOGY

Upon transitioning the ACS to a graduate-level project, the main priorities were getting acquainted
with the aspects of the ACS system that were previously handled by other team members and
satisfying the requirements for the upcoming PDR. To meet these objectives, the project was
brought back to the beginning of the design process such that the previous work could be revised
using the information discussed in Section 2. Once the revision was complete, the project was
resumed from that point. The scope of this work includes:

3.1

•

Definition of system-level requirements

•

Definition of subsystem-level requirements

•

Subsystem-level design of the attitude control system

•

Definition of Unit-level requirements

•

Unit-level design of the components within the attitude control system
SYSTEM-LEVEL REQUIREMENTS

As depicted by the V-diagram in Section 1.2, the first step in the design process is to define the
system-level requirements. While the SpudNik-1 CubeSat had many system requirements,
especially those relating to the regulations that the spacecraft is subject to, the one which defined
the spacecraft’s mission was perhaps the most relevant when it came to the ACS subsystem. At
the time, this requirement simply stated that “The CubeSat shall image the entirety of PEI at least
once every two weeks” and was solely based on the suggestion of an intended end user. As a result,
it was decided to revisit this requirement and assess the feasibility.
As a means of satisfying the requirement, the contemporary imaging strategy was to divide PEI
into a number of segments, each with a corresponding geotag such that the satellite could image
at least one segment per orbit. To evaluate this strategy’s ability to meet the requirement, two
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unknowns had to be determined: The number of segments needed to cover the landmass, and how
often the satellite passes over PEI. Regarding the first unknown, the payload team determined that
131 segments would be required based on the field-of-view of their design. The segments are
depicted in Figure 3-1. Determining the number of passes over PEI necessitated simulation.

Figure 3-1: A map of Prince Edward Island with a grid overlay to represent the images to be taken by the spacecraft.

As will be discussed in Section 3.5.1 the CubeSat Toolbox from Princeton Satellite Systems (PSS)
was selected to simulate the spacecraft. To get familiarized with this software, the demonstration
code of an orbital simulation was edited to reflect the attributes of the SpudNik-1 CubeSat and to
indicate when the satellite was above PEI. As depicted by the purple circle in Figure 3-2 (a), this
was defined as when the satellite’s angle of elevation with respect to PEI is greater than 20 degrees.
As is shown in Figure 3-2 (b), the results revealed that the spacecraft would pass over PEI for
approximately six orbits in a row: four longer passes of about six minutes and two shorter passes
of about one minute. This pattern was found to repeat with a period of approximately 24 hours.
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(b)

(a)

Figure 3-2: A depiction of (a) the boundary that defines if the spacecraft is “over PEI,” and (b) how often the satellite is
over PEI.

Given the total of 26 minutes spent over PEI per day, a seemingly reasonable rate of 5 images per
minute would be required for daily coverage of PEI. Note, however, that there was also a need to
communicate with the ground station and perform other system tasks during these passes, which
limited the amount of time for imaging to just one pass. That being the case, it was decided to
change the imaging strategy such that the satellite would take a continuous chain of images in a
single pass over PEI, as depicted in Figure 3-3. While the decreased amount of time does mean
that there are less images taken in a day, the new strategy allows for more efficient use of the
available time. This is because the attitude can be held relatively constant while the spacecraft’s
orbital velocity moves the imager across PEI, rather than making a number of attitude maneuvers
to achieve the same effect. As a result, the mission requirement was further detailed to say that
“the CubeSat shall take a continuous chain of images across PEI each day.”
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Figure 3-3: A depiction of the updated imaging strategy.

3.2

SUBSYSTEM-LEVEL REQUIREMENTS

With the mission being defined, it was possible to move on to refining the subsystem requirements,
the main one being the pointing accuracy requirement. Initially, this was ±1°, which was based on
another suggestion from an intended end-user of the mission data. However, before refining the
requirement, it was necessary to first define the maximum angle of error, 𝜃. In discussion with the
rest of the team, the accepted definition was: the angle which ensures that at least half of the pixels
in the captured image will depict the target area. Under the assumption that the satellite is located
directly above the target area, Figure 3-4 (a) shows that the angle is related through the tangent
function to both the width of the target area, 𝑤, and the altitude of the satellite, ℎ.
Since the revised mission requirement was oriented toward capturing a single chain of images
across PEI, it was first decided to base the accuracy on the width of that chain such that the satellite
could capture a specific area of PEI if desired. In the worst case scenario, this would correspond
to the width of the imager’s field-of-view, which was determined by the payload team to be 9.33
km x 7.37 km. Given that the altitude of the spacecraft’s orbit is roughly 400 km, this results in a
desired accuracy of ±0.53 ° . However, based on an earlier discussion with the CSA, it was
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determined that a sub-degree accuracy would be a difficult given the current design of the satellite.
As a result, it was decided to loosen the requirement. This was possible as the mission does not
necessarily require that the images are taken within a specific area of PEI, but rather anywhere
within boundaries of PEI. As depicted in Figure 3-4 (b), PEI has an average width of 34 km, and
a length of 165 km. By setting the width of the target area, 𝑤, to correspond with the 34 km width,
it is guaranteed that the system will be accurate enough for the imager to pass over PEI, as long as
the target path is centered between the north, and south shores. Given this change, the required
accuracy was found to be much less arduous at a value of ±2.43°.

165 km

ℎ

𝜃

Max Error
Target Path
Max Error

34 km

𝑤
(b)

(a)

Figure 3-4: A representation of (a) the geometry of aiming the spacecraft’s imager and (b) a depiction of the error in the
target path for a pointing accuracy ±2.43°, overlayed on a dimensioned image of PEI.

Another important aspect of an ACS is the reference frames that will be used to represent attitude;
the resultant requirement is that these would be the body and inertial frames as defined in Section
2.1.1. In addition to the reference frames, the ACS must also implement modes of operation. Based
on SpudNik-1’s mission, these would include at minimum: a detumbling mode, a calibration mode,
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and an imaging mode. Detumbling mode is activated whenever the angular velocity of the
spacecraft goes above a given threshold (to be determined in the AIT stage of the project). In terms
of calibration mode, this is enabled whenever the uncertainty of the attitude estimate rises above a
given threshold (to be determined in the AIT stage of the project). Lastly, provided that the
spacecraft is neither in detumbling nor calibration mode, imaging mode is to be entered whenever
the satellite starts an imaging pass; as determined by the scheduler built into the on-board data
handling (OBDH) system.
Recall from Section 2.1.5, that the definition of proper Euler angles suggests that any attitude can
be obtained through the rotation of the spacecraft about just two orthogonal axes. This suggests
that fine attitude control is only required about those axes. By examining the layout of the
spacecraft, as shown in Figure 1-2, it can be seen that the most desirable set of axes would lie on
the x-y plane of the body frame. This is because a rotation about any of these axes will result in a
direct change in the direction of the spacecraft's optical axis. Rotation about any other axis will
have a component that simply rotates the imager about its optical axis, this is trivial as it will result
in the same image but with a different orientation. As a result, it is a minimum requirement that
the ACS has fine attitude control about orthogonal axes which lie on the x-y plane while the ACS
is in imaging mode. For convenience, these axes are specified to be the x- and y-axes of the body
frame.
Although fine attitude control is not required about the z-axis of the body frame, it is still a
requirement to have control over this rotation. More specifically, it is required that the system can
resist rotational speed, or “dump” the momentum, about this axis at all times. This is because the
environmental disturbance torques may cause the total momentum about that axis to drift to large
magnitudes over time, as was discussed in Section 2.5.5. The large magnitude of momentum would
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imply a fast rotation of the payload about its optical axis, which could cause motion blur along the
edges of the image. Furthermore, it is also required that the ACS can detumble the spacecraft about
all axes when in detumbling mode.
Lastly, there are some requirements which originate from SpudNik-1’s launch partner, Nanoracks.
Being as Nanoracks’ CubeSat deployer is located on the international space station (ISS), it is a
requirement that ACS shall be designed to operate at a similar orbit to the ISS, which is in lowearth orbit (LEO) at an altitude of roughly 400 km. In addition to this, propulsion systems are not
permitted by Nanoracks. As a result, it is a requirement that the ACS shall not incorporate any
propulsion systems.
Table 3-1: List of subsystem-level requirements.

Requirements
SUB-01

The ACS shall be accurate to within ±2.43°.

SUB-02

The ACS shall define attitude with respect to the body and inertial frames as defined
in Section 2.1.1

SUB-03

The ACS shall implement the following modes of operation: imaging mode,
calibration mode, and detumbling mode.

SUB-04

The mode of operation shall be set to detumbling mode whenever the angular
velocity of the spacecraft goes above a given threshold (to be determined in the
AIT stage of the project)

SUB-05

The mode of operation shall be set to calibration mode whenever the uncertainty
of the attitude estimate rises above a given threshold (to be determined in the AIT
stage of the project).

SUB-06

The mode of operation shall be set to imaging mode whenever the satellite enters
an imaging pass; as determined by the scheduler built into the on-board data
handling (OBDH) system.

SUB-07

The ACS shall have fine attitude control about the x- and y-axes of the body frame
while in imaging mode

SUB-08

The ACS shall resist rotational speed about the z-axis of the body frame.
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SUB-09

The ACS shall be capable of detumbling the spacecraft about all axes when in
detumbling mode.

SUB-10

The ACS shall be designed to operate in low-earth orbit (LEO), at an altitude of
about 400 km.

SUB-11

The ACS shall not incorporate any propulsion systems

3.3

SUBSYSTEM-LEVEL DESIGN

Once the subsystem requirements had been identified, the next step in the design process was to
refine the current design from the subsystem-level. To do so, an understanding of the generic
spacecraft ACS was required. Shown in Figure 3-5 is the proposed architecture for such a system
as derived using the research described in Section 2, observations made about the various systems
seen throughout the design reviews of other CCP teams, and the knowledge gained from both the
CSA and the ESA. From an abstract point of view, this design uses the system’s sensors to take
measurements of the spacecraft’s environment and pass them to the implemented software which
determines the spacecraft’s current attitude, calculates the error between that and the desired
attitude, and then controls the actuators accordingly. By exciting the actuators, the torques exerted
on the satellite are changed, altering the rotational dynamics of the spacecraft, and therefore
changing the attitude with respect to time. With each iteration of this cycle, the body-frame
representations of the environmental vectors also change due to their dependance on both the
attitude and the orbital dynamics of the spacecraft.
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Figure 3-5: Architecture of an attitude control system.

3.3.1 Simulator
As outlined in the V-diagram, testing is an important part of the design process. However, as the
dynamics of a spacecraft are dependent on the space environment, which differs greatly from that
on the surface of earth, the use of a simulator is necessary for evaluating the performance of an
attitude control system before launch. In many cases this is implemented using a real-world test
bench equipped with amenities such as a Helmholtz cage or an air-bearing set-up. However, given
the expenses that were associated with such an arrangement, this was not feasible for the SpudNik1 project. Nevertheless, discussions with CSA officials resulted in the conclusion that physical
testing is not required for verification of a spacecraft ACS. Instead, as the earth’s magnetic field,
the dynamics of the spacecraft, and other environmental factors are all known with high fidelity,
mathematical models are typically sufficient and are commonly used for testing the performance
of a spacecraft’s attitude control system. As will be discussed in Section 3.5.1, a simplistic attitude
simulator was in development by the team working on the ACS subsystem, but this was lacking in
many respects.

59

3.3.2 Hardware
As can be seen in Figure 3-5, the hardware of the ACS is used as an interface between the state of
the satellite, or the simulator in the case of testing, and the software; it includes all the sensors and
actuators, making it the means through which attitude information is gathered and control
decisions are implemented. This is the aspect of the design that the previous ACS team had
prioritized the most, identifying the desired hardware suite and either sourcing an off-the-shelf
device or developing a conceptual design for each unit. As was stated in Section 2.3 the most
commonly used sensors in terms of low-earth orbiting spacecraft are: magnetometers, infrared
earth sensors (IRES), sun sensors, and star sensors. Likewise, Section 2.5.5 states that the most
common actuators are: thrusters, magnetorquers, solar trim tabs, reaction wheels and control
moment gyroscopes (CMG).
In terms of sensors, the hardware proposed by the previous ACS team consisted of: sun sensors, a
three-axis magnetometer, and a three-axis gyroscope. This is a common low-cost hardware
configuration [4] [19] [30] where the first two sensors are used to measure attitude based on the
sun and local magnetic field vectors and the gyroscope is used to measure the angular rate. While
examining the set-up, it was found that this is in fact the most feasible selection as sun sensors
were the most accurate devices within budgetary constraints and the magnetometer was the only
other sensor that could provide the supplementary vector required to derive attitude. Note that,
while IRES sensors generally provide more accuracy than magnetometers, they do not provide a
vector describing the local environment. Instead, they are a stand-alone sensor that can give a
direct measurement of attitude by examining the earth-space boundaries. Although a very
reasonable sensor suite had been selected, it should be noted that the sun sensor was designed as a
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course sun sensor rather than the more accurate fine sun sensor. As will be discussed in Section
3.5.2, this was redesigned accordingly.
As for the actuators, the previous ACS team has specified the use of both reaction wheels and
magnetorquers, which is a common arrangement in low-earth orbit satellites that feature an
imaging payload or have otherwise stringent pointing requirements [11] [30]. In this set-up, the
main purpose of the reaction wheels is to satisfy the accuracy requirement where the
magnetorquers are used to dump the residual momentum of the spacecraft. Examining the various
options, it was found that the selected actuators were the most feasible option; while an alternative
to the reaction wheels could be a CMG and while the magnetorquers could be replaced by solar
trim tabs, both are relatively complicated, and neither are typically found on CubeSats. Likewise,
a set of thrusters could eliminate the need of both reaction wheels and magnetorquers, but these
are not an option as they violate the requirement that the ACS shall not incorporate any propulsion
systems.
3.3.3 Software
The ACS software consists of three main parts: navigation, guidance, and control. In terms of
navigation, the main purpose is to determine the spacecraft’s current attitude using the sensor
inputs. This attitude is then given to the guidance software which calculates the error between it
and the target attitude. Once the error has been determined, it is used as an input to the control
software which implements a control law to command the actuators. While the software is a critical
part of the ACS system, it was not within the scope of the previous ACS team’s work and was
therefore designed from scratch.
Given the flight heritage of Kalman filtering techniques and the benefits of using an unscented
Kalman filter (UKF) over the generic Kalman filter, it was decided to implement the UKF as the
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main structure of the navigation software. The guidance software is then relatively simple. It first
selects what mode the spacecraft ACS should be in from either detumbling mode, imaging mode,
or calibration mode. If detumbling mode is selected, then the control software will be instructed to
command the magnetorquers using the b-dot algorithm. Otherwise, the guidance software will first
determine the error between the quaternion output of the navigation software and the desired
quaternion, which is stored on-board. The error is fed then back to the PD controller implemented
in the control software.
3.3.4 Requirement Verification
While designing at the subsystem-level, it is important to devise a plan for the purpose of verifying
that the integrated unit-level components meet the subsystem-level requirements during the
assembly stage. Table 3-2 outlines the methods of verification for each requirement, note that
many of these are verified through design, or simply the decisions that were made throughout
Section 3.3.
Table 3-2: Subsystem-level requirements and their methods of verification.

Requirements

Verification
Method

SUB-01

The ACS shall be accurate to within ±2.43°.

SUB-02

The ACS shall define attitude with respect to the body and inertial
frames as defined in Section 2.1.1

Design

SUB-03

The ACS shall implement the following modes of operation:
imaging mode, calibration mode, and detumbling mode.

Design

SUB-04

The mode of operation shall be set to detumbling mode whenever
the angular velocity of the spacecraft goes above a given threshold
(to be determined in the AIT stage of the project)

Design

SUB-05

The mode of operation shall be set to calibration mode whenever
the uncertainty of the attitude estimate rises above a given threshold
(to be determined in the AIT stage of the project).

Design
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Analysis

SUB-06

The mode of operation shall be set to imaging mode whenever the
satellite enters an imaging pass; as determined by the scheduler
built into the on-board data handling (OBDH) system.

Design

SUB-07

The ACS shall have fine attitude control about the x- and y-axes of
the body frame while in imaging mode

Design

SUB-08

The ACS shall resist rotational speed about the z-axis of the body
frame.

Design

SUB-09

The ACS shall be capable of detumbling the spacecraft about all
axes when in detumbling mode.

Design

SUB-10

The ACS shall be designed to operate in low-earth orbit (LEO), at
an altitude of about 400 km.

Design

SUB-11

The ACS shall not incorporate any propulsion systems

Design

As mentioned in Section 3.3.1, the verification of the accuracy requirement is to be done through
simulation. To accomplish this, MATLAB scripts which implement the navigation, guidance, and
control software will be used to provide the inputs / outputs to the PSS simulator. In order to fully
simulate the system, two additional scripts are also required to represent the hardware: one which
interfaces the environmental data of the simulator to the navigation software using the
characteristics of the sensors, and one which interfaces the output of the control software to the
torque input of the simulator after applying the transfer functions of the actuators. The resultant
software package will be used to simulate the satellite in a variety of situations to examine how
well its response satisfies the requirements.
Recall from Section 3.1 that the simulator itself was implemented using an off-the-shelf toolbox
purchased from PSS. While further details of its selection are to be given in Section 3.5.1, it is
important to note that this is a well-refined design from an established company in the aerospace
industry. As a result, it was not seen as necessary to test the simulator itself, but the fact that PSS
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provided the toolbox’s source code made the software useful for validating much of the research
that was presented in Section 2.
3.4

UNIT-LEVEL REQUIREMENTS

With the subsystem design being defined, it was possible to move on to refining the unit-level
requirements, which are summarized in Table 3-3. In terms of the processing hardware, the ACS
software is planned to be implemented using the primary microcontroller on the OBC module, an
STM32F429ZIT6 from STMicroelectronics. As a result, the ACS hardware must be capable of
interfacing with the associated peripherals, including: three 8-channel analog-to-digital converters,
which are referenced at 3.3 V; up to 21 communication interfaces, including support for I2C,
UART, USART, SPI, and CAN; up to 17 timers; and 114 general purpose input/output (GPIO)
pins.
When it comes to sensing, there are requirements regarding both the accuracy and field of view of
the sun sensors, as well as the sensitivity of the magnetometer. The accuracy of the sun sensors,
must be within the ±2.43° accuracy requirement of the ACS. Until the requisite accuracy can be
better defined through simulation, which will be completed in the AIT stage, it was decided that a
reasonable minimum required accuracy would be ± ±0.61° , a quarter of the desired system
accuracy.
In terms of the field of view, it was noted that the visible-band imager will not be able to capture
any useful data on a nighttime pass over PEI. As a result, an imaging pass can only occur when it
is daytime on PEI, meaning that fine attitude sensing is only required when the spacecraft is
positioned between PEI and the sun. With this knowledge, it was determined that field of view of
the sun sensors does not need to extend around the entire satellite. The only requirement is that it
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must include space as seen by the +z face of the spacecraft (seen in Figure 1-2) as this is situated
opposite to the earth-pointing imager and is therefore exposed to the sun when imaging.
As for the magnetometer requirement, the software from Princeton Satellite Systems was used to
propagate the orbital dynamics of a spacecraft similar to the SpudNik-1 CubeSat. Through this
simulation, it was found that the magnitude of the local magnetic field varied with a maximum of
roughly 50 μT. Accordingly, the magnetometer is required to have a range of measurement which
can detect a field strength that varies on the same order.
With regard to the reaction wheels, there are requirements regarding the quantity, orientation, rated
torque, and the amount of momentum that they can store. In terms of quantity, recall that fine
attitude control is only required about two axes. Rotation about three or more can be used to
provide full three-axis control or add redundancy to the design, but this is not necessary. As a
result, the associated requirement is that there must be at least two reaction wheels. As for the
orientation of the wheels, it is required that sets of three or less reaction wheels must be oriented
such that their axes of rotation are orthogonal, where sets with four or more reaction wheels must
be oriented such that any rotation of the spacecraft is dependent on two or more wheels. Aside
from how the reaction wheels are oriented with respect to each other, recall that fine attitude
control about the x- and y-axes of the body frame is required.
In terms of torque, the only consideration is the time that it takes to complete a given attitude
maneuver. As the current imaging strategy only requires that the spacecraft moves a maximum of
180° over a span of roughly 24 hours, the minimum required torque is negligible in comparison to
the torque offered by most motors. On the contrary, a motor with too much torque could make it
difficult to achieve high-accuracy pointing if the control loop operates at too low of a frequency.
In addition, it also increases the risk to the mission as it has a higher probability of sending the
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spacecraft into a tumbling state in the case of controller failure. As a result, it is important to set a
requirement regarding the maximum amount of torque.
Although the maximum torque is an important property, it is dependent on the properties of the
controller, which will not be fully characterized until it has been implemented and tuned during
the AIT phase of the project. However, since it is much easier to tune the controller to a given
motor than select a motor for a given controller, it was decided to move past this conflict by setting
the requirement based on the torque ratings of commercial reaction wheels. Looking at
CubeSatShop, RocketLab, and GOMSpace, it was found that reaction wheels designed for
nanosatellites were rated for torques between 0.23 and 2 mNm. As a result, the requirement was
set to be 2 mNm. Note, however, that reaction wheels designed for CubeSats of similar size to
SpudNik-1 typically had a torque of around 1 mNm.
In addition to torque, momentum storage is another important property of a reaction wheel as it
determines the amount of excess momentum that can be accumulated before saturation occurs.
However, as was the case with torque, this quantity is also difficult to specify without further
defining the controller and examining the response alongside the external disturbances. For this
reason, the commercial models used to specify the maximum torque were also used to define a
reasonable range for the momentum storage requirement. From the specification sheets, it was
found that a typical CubeSat reaction wheel has a momentum storage between 1.7 and 30 mNms,
but those designed for 2U CubeSats typically have a value of about 10 mNms. From a control
point of view, there is no detriment to having too much storage; issues only arise when there is not
enough as fine control will be lost until the magnetorquers can dump the excess momentum. As a
result, the requirement was set to be between 10 and 30 mNms. Note that this requirement may
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need to be reevaluated at a later stage in the design process if the design is found to offer
insufficient momentum storage or too much mass.
As with the reaction wheels, the magnetorquers also have requirements with regard to quantity and
orientation. In terms of quantity, the system requires at least three magnetorquers as it must be
capable of dumping excess momentum about three axes to prevent the reaction wheels from
saturating and ultimately keep the spacecraft from spinning uncontrollably. While additional
magnetorquers could be included to add a degree of redundancy, this is not common as they are
highly reliable. As a result, the requirement is that the spacecraft must include a total of 3
magnetorquers. In terms of their orientation, it is convenient to mount the magnetorquers in
alignment with the basis vectors of the body frame. Note, however, that this is not necessary as the
only requirement is that they are mounted orthogonally such that the magnetic dipoles along each
axis are each controlled by an independent magnetorquer.
Perhaps the most significant specification of a magnetorquer is it’s rated magnetic dipole moment,
which is a measure of the device’s ability to align itself with an external magnetic field.
Accordingly, the requirements should also specify this value. Note, however, that the broad scope
of the project did not allow for the magnetorquer to be designed in detail over the course of the
project timeline and, as to be mentioned later in Section 3.5.2.4, it is suggested that the next
student(s) to work on the project further investigate the required dipole. As for the last requirement,
it is important that all materials on-board the spacecraft adhere to the NASA standard for
outgassing; which means that each component must have a total mass loss (TML) of less than or
equal value to 1.0% and a collected volatile condensable material (CVCM) of less than 0.1%.
Table 3-3: List of unit-level requirements.

Requirements

67

UNT-01

The ACS hardware shall interface with the STM32F429ZIT6 microcontroller on the
OBC module.

UNT-02

The sensor suite of the ACS shall incorporate: sun sensor(s), a 3-axis magnetometer,
and 3-axis gyroscope.

UNT-03

The sun sensor shall have a minimum accuracy of 0.61°.

UNT-04

The sun sensors’ minimum field of view shall include all space in the positive
direction of the spacecraft’s +z face.

UNT-05

The magnetometer shall have a range of measurement which can detect a field
strength that varies on the order of 50μT.

UNT-06

The actuator suite of the ACS shall incorporate: reaction wheel(s), and
magnetorquer(s).

UNT-07

The spacecraft shall incorporate a minimum of two reaction wheels

UNT-08

Sets of three or less reaction wheels shall be oriented such that their axes of rotation
align with the basis vectors of the body frame. Priority goes to the x- and y-axes.

UNT-09

Sets of four or more reaction wheels shall be oriented such that any rotation of the
spacecraft is dependent on two or more wheels.

UNT-10

The reaction wheels shall have a maximum torque of 2 mNm.

UNT-11

The reaction wheels shall have a momentum storage that lies between 10 and 30
mNms

UNT-12

The spacecraft shall have a total of 3 magnetorquers

UNT-13

The magnetometers shall be mounted orthogonally.

UNT-14

The magnetorquers shall have a magnetic dipole of _ Am2

UNT-15

The ACS software shall include a “Navigation” function, which implements a UKF
to process the sensor signals into an attitude state estimate

UNT-17

The ACS software shall include a “Guidance” function, which uses the state
estimate and the desired attitude to determine the ACS mode of operation and
provide the error quaternion.

UNT-18

The ACS software shall include a “Control” function which, based on the ACS
mode of operation, implements either the B-dot algorithm or a PD controller to send
control signals to the actuators.
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UNT-19
3.5

All components shall meet NASA outgassing requirements of TML ≤ 1.0% and
CVCM < 0.1%

UNIT-LEVEL DESIGN

In knowing the requirements of SpudNik-1’s ACS, it was then possible to refine the design from
the unit level.
3.5.1 Simulator
In terms of a simulator, the previous team had started the development of a Simulink simulation
which used the software’s built-in solver to propagate the attitude dynamics. Note, however, that
the second term of Euler’s moment equation was not factored into the dynamic equations, meaning
that the gyroscopic moment on the spacecraft was not accounted for, and that there was no
functionality in terms of orbit propagation or modeling the environmental vectors. Since the
simulator was to be the ground truth in terms of testing the system’s performance, it was decided
to replace this with an off-the-shelf simulator in the interest of reliability.
When it comes to simulation software, the CSA’s main recommendation to CCP teams was to use
the Systems Tool Kit (STK) from Analytical Graphics Incorporated (AGI). STK has been in
development since 1989 and is perhaps the most popular analysis software in the aerospace
industry with a clientele that involves government agencies such as NASA, ESA, and JAXA, as
well as commercial organizations including Lockheed Martin, Boeing, and Airbus. Unfortunately,
its terms of use contradicted UPEI policy, and so it could not be used. As an alternative, the
CubeSat Toolbox from Princeton Satellite Systems (PSS) was selected for use. PSS has been
providing the aerospace industry with software tools since 1995 and the CubeSat toolbox is part
of their Spacecraft Control Toolbox, which is designed to be an add-on to MATLAB. The
toolbox’s main features involve attitude dynamics and control, orbit propagation, and mission
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planning. While the CubeSat toolbox was able to provide most of the desired functionality, this
was also complemented with various tools from the MathWorks Aerospace Toolbox
With the toolbox installed, it was possible to implement much of the theory discussed in sections
2.1 through 2.5 using simple commands such as: CubeSatEnvironment for computing the
environmental vectors using the IGRF model and the Astronomical Almanac, and RHSCubeSat
for evaluating the orbital and attitude dynamics of the satellite. Since PSS provides the source code
of each command, it was also possible to verify that the toolbox uses the same concepts as the
theory that was previously described. In addition to what was studied, the toolbox also comes with
a fourth-order Runge-Kutta solver for propagating the dynamics from RHSCubeSat and a large
selection of supplemental functions useful for aerospace projects in general.
3.5.2 Hardware
As previously mentioned, the hardware suite specified by the team incorporated the most feasible
combination of sensors and actuators. Note, however, that the specifics of these components had
to be reviewed and revised where necessary.
3.5.2.1 Sun Sensors
Given the financial budget of the SpudNik-1 project, the only option for including sun sensors in
the ACS was to design and manufacture them in-house. However, as mentioned in Section 3.3.2,
the design specified by the previous team was similar to a coarse sun sensor as it makes use of a
photodiode and the negative correlation between its output and the angle of incidence at which
light strikes. These sensors tend to have an accuracy of +/-5° or worse [31] [32], which does not
meet the requirements. In addition to the lower accuracy, extraction of a fully defined sun vector
requires that this type of sensor be present on multiple faces that are exposed to the sun. While the
previous design did incorporate four of these sensors, they were all on the same face such that they
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could not provide a fully defined vector. As indicated by the name, fine sun sensors tend to have
a higher accuracy, typically within the sub-degree range. They can also be found in onedimensional and two-dimensional configurations, the latter of which can provide a fully defined
sun vector from a single sensor. In order to achieve the desired accuracy, it was decided to redesign
the sun sensors to mimic the generic 2-dimensional fine sun sensor.
The operating principle behind a 2-dimensional fine sun sensor is summarized by Figure 3-6. Here,
𝜃𝑖 is the angle of incidence at which rays of light pass through a housing, shown in black, via a
small slit. Depicted in blue is a photosensitive element that can measure 𝑥, the position at which
light contacts the surface of the sensor. In combination with 𝑑, the distance between the hole and
photosensitive surface, 𝑥 can be used to find 𝜃𝑖 through some simple trigonometry. While the
figure shown is a two-dimensional representation, the real-world implementation makes use of a
photosensitive surface that extends out of the page and allows for the measurement of two angles
of incidence; which can then be used to define the unit sun vector’s polar coordinates with respect
to a set of orthogonal axes positioned at the center of the slit.

Figure 3-6: Geometry of a typical fine sun sensor.
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As for the sensing element, it is common to either use discrete element detectors, such as a twodimensional array of photodiodes, or an orthogonal set of linear arrays; or a continuous analog
sensor such as a two-dimensional position sensitive detector (PSD). To assess the feasibility of
manufacturing a fine sun sensor in-house, a low-fidelity model was constructed using a CMOS
image sensor as the sensing element and a punctured length of vinyl tape over the sensor’s housing
to provide the slit. The laser end-effector of an industrial robotic arm was then used to accurately
shine incident light on the puncture while image data was taken from the sensor. Post-processing
of the images revealed that the angle could be predicted to within ±0.17°. In terms of the feasibility
assessment, these results were seen as excellent, especially when considering the crude
construction of the model. Further detail on this assessment can be found in a research article
entitled “Development of a high-accuracy low-cost sun sensor for CubeSat application,” which
was published in volume 4 issue 3 of MedCrave’s Aeronautics and Aerospace Open Access
Journal.
While enhancing the design of the sun sensors, the main alteration involved replacing the CMOS
image sensor with a 2-dimensional PSD (Hamamatsu S5991-01) which significantly reduced both
the pin-count and the processing load as a PSD provides the 2D position of the incident light spot
using just four analog signals. The device operates using a surface which is both photosensitive
and resistive. When a light spot contacts the surface, a voltage is generated at that location which
induces a flow of current through the resistive layer toward the four electrodes that are situated in
the corners of the surface and connected to a common ground. The resistance between the
generated voltage and each of the electrodes is then dependent on the location of the spot and
position can be determined by comparing the currents using the following equations:
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(𝐼2 + 𝐼3 ) − (𝐼1 + 𝐼4 ) 2𝑥
=
𝐼1 + 𝐼2 + 𝐼3 + 𝐼4
𝐿𝑥
(𝐼2 + 𝐼4 ) − (𝐼1 + 𝐼3 ) 2𝑦
=
𝐼1 + 𝐼2 + 𝐼3 + 𝐼4
𝐿𝑦
Where 𝐼1 , 𝐼2 , 𝐼3 , and 𝐼4 are the current outputs of each of the electrode and the 𝐿 values are the
horizonal and vertical distances between them. With respect to the Hamamatsu S5991-01, 𝐿𝑥 and
𝐿𝑦 are both 10 mm. Given the operating principle behind a fine sun sensor, it is known that a single
device is incapable of detecting the angle of incidence over a full 180° (-90°≤ 𝜃 ≤ 90°) because
the PSD has fixed length and the position of the light spot with respect to the center of the PSD
will approach infinity. Even with two sensors, the 180° requirement still cannot be satisfied as
there will always be a region that is not covered by their limited fields-of-view. However, if the
count is increased to three sensors, this will allow for 180° coverage, provided that their fields-ofview are at least 120° and that they are arranged with minimal intersection between those fieldsof-view.

Figure 3-7: Depiction of how the sun sensors are positioned in the spacecraft.
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Based on this, it was decided to use a total of three sensors as shown in
Figure 3-7. These are mounted to the top-most circuit board, known as the UHF antenna board,
where they are spaced in a radial pattern at 120° increments, each with an inclination of 30 degrees.
As depicted in Figure 3-8, the inward-facing arrangement of the sun sensors (shown to the left)
causes enough overlap in the fields-of-view to ensure that the sensors will see the sun, provided
that it is above the z-face of the spacecraft. Another option that was considered would be an
outward-facing arrangement (shown to the right), but this has a number of dead-zones in which
the sun cannot be seen, so it was decided against.

Figure 3-8: Comparison of inward- and outward-facing sun sensor arrangements

[1]Given the 9 mm length of the PSD’s active area, simple trigonometry can be used to determine
that placing the slit 5.19 mm above the surface will provide the desired field-of-view. At this
distance, the PSD’s rated position resolution of 1.5 μm corresponds to an angular resolution of
0.02 – 0.05 degrees. As for the implementation of the slit, a 200 μm precision pinhole was selected
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from Edmund Optics (stock number 39-728) to correspond with the suggested spot size in the
datasheet of the S5991-01. The pinhole is mounted in a housing, which surrounds the PSD.
To condition the current signals into voltage signals that are readable by an analog-to-digital
converter, the sun sensor employs an OP495 integrated circuit from Analog Devices which
contains four rail-to-rail precision operational amplifiers (op amps). As shown in Figure 3-9, the
op amps are configured as current-to-voltage converters with filtering capacitors. In terms of the
values of resistance and capacitance, these are set such that the output voltage will be 0 V at the
maximum current output and 3.3 V at 0 A so as to correspond to the ADC reference voltage. While
the maximum expected current is still to be determined during the testing phase, it is assumed that
this will be on the order of 500 μA as that is the value provided for the saturation photocurrent in
the datasheet of the S5991-01. Based on this, the resistance is found to be 6.6 kΩ. In knowing the
resistance, the capacitance was then chosen to be a standard 0.1 μF capacitor to achieve a fast time
constant of 3.4 ms, while providing a high signal-to-noise ratio. A summary of the sun sensor
specifications can be found in Table 3-4.

Figure 3-9: Op-amp based current-to-voltage converter .
Table 3-4: Specifications of the custom sun sensor.

Description

Specification
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Quantity:

3

Location:

z face @ 30 deg, 120 deg separation

Sensing Element:

Hamamatsu S5991-01 2D PSD

Full-Scale Range:

120 deg

Resolution:

0.02 – 0.05 deg

Spot Diameter:

200 micron

Time Constant:

3.4 ms

The sensors were designed to be on three identical printed circuit boards. The schematic for these
boards is shown in Figure 3-10 where the PCB layout diagram is presented in Figure 3-11. Each
board interfaces to the rest of the electrical system through a 6-position connector where four of
the pins are for the output voltages and the remaining two are for 3.3 V power and ground
connections. Although it has yet to be implemented, it is planned to collaborate with the
communications team such that the sensors can be electrically connected to the top-most circuit
board, known as the UHF antenna board, through flat-flex cables. The UHF antenna board will
then short the power connections of the individual sensor boards and route them to a single 14position flat-flex-cable connector on the bottom side of the board for easy connection to the OBC
module. As for mechanical connection, the sensor boards are mounted to inclined brackets using
M1.6 bolts, which also secure the housing above the PSD. These brackets then clip to the antenna
board to orient the sun sensors.
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Figure 3-10: Schematic of the sun sensor’s printed circuit board.

Figure 3-11: Layout of the sun sensor’s printed circuit board.

Although the design of the sun sensors does meet the accuracy and field-of-view requirements of
the project, it is possible that there may be too much error in the spacecraft’s attitude estimate to
point the imager in the general direction of PEI as it approaches. This means that the sun sensors
may not be oriented such that the sun is within their field of view, and the spacecraft will remain
inoperable until natural disturbances manage align the sensors with the sun. In this case, it is
planned to use the power system’s solar cells as coarse sun sensors. Doing so prevents the
spacecraft from losing the sun vector entirely, making it possible for spacecraft to point its fine
sun sensors toward the sun such as to reduce the uncertainty in its attitude estimate. Note, however,
that the addition of this functionality was proposed late in the design process, so the necessary
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analysis has yet to be done, and the sensing algorithm has not yet been developed. This is planned
to be implemented in future work.
3.5.2.2 Inertial Measurement Unit
In terms of the magnetometer and gyroscope, the previous team had selected the ICM-20948 from
TDK InvenSense, a 9-axis inertial measurement unit (IMU) which incorporates a 3-axis
accelerometer, a 3-axis gyroscope, and a 3-axis magnetometer all in one integrated circuit.
Although this sensor was selected, it was chosen based on the suggestion of an external party
assisting with the development of the OBC module. There was no analysis done to ensure that it
would provide a feasible solution in the space environment. As a result, the concept of using this
device was investigated in further detail.
The gyroscope has a programable full-scale range of ±250 degrees per second (dps), ±500 dps,
±1000 dps, or ±2000 dps. While the lowest setting is much faster than the spacecraft should ever
move, the signed 16-bit resolution provides an acceptable sensitivity of about 0.0076 dps. Putting
this into perspective, if the spacecraft were to drift at the maximum deviation allowed by the
accuracy requirement over the course of a second, 2.43 dps, the gyroscope could still detect the
movement using over 8 bits of data with an additional sign bit. In terms of the magnetometer, the
full-scale range is ±4900 μT with the same resolution as the gyroscope, resulting in a sensitivity
of about 0.1495 μT. As the requirements suggest a field strength on the order of 50 μT, this will
also provide just over 8 bits of useful data with an additional sign bit.
While signed 9-bit data is a somewhat low resolution in comparison to what modern equipment
can provide, it does not raise any immediate concerns as even 8-bit resolution is very common in
mechatronic systems. There is, however, still the question of whether it would be sufficient for the
specific case of an attitude control system. Nevertheless, the only way to definitively answer this
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question is to fully implement and test the system, which is not within the scope of work as the
SpudNik-1 project has not yet reached that stage of development. One way of reducing the risk,
however, is to research other CubeSat projects which made use of this device. Although not
plentiful, there were some results including: ARKSAT-1 [33] [34] [35]; a 1U imaging satellite;
and the Drag De-Orbit Device mission [36], which tested a retractable drag device on a 2U
CubeSat.
Given the apparently acceptable resolution and the fact that it was considered in other CubeSat
projects, the use of this device would appear to be a reasonable solution. As a result, it was
confirmed with the developer of the OBC module that the ICM-20948 was to be included on the
board.
3.5.2.3 Reaction Wheels
Like the sun sensors, the reaction wheels also had to be designed in-house to accommodate the
budget of the SpudNik-1 project. Recall from Section 2.5.5 that the principle behind a reaction
wheel is to accelerate the rotation of an inertial load relative to the chassis of the satellite. In doing
so, the load applies an equal but opposite reaction torque that accelerates the spacecraft when
viewing the system from the inertial frame. Consequently, the two main components of the general
reaction wheel are: the flywheel, used to store excess momentum; and the motor, used to exchange
momentum between the flywheel and the rest of the spacecraft. While the previous ACS team had
specified both a motor and the inertia of the flywheel, the motor did not satisfy the outgassing
requirements set forth by NASA, and neither of the interfaces between the motor and the flywheel
or the motor and chassis had been designed.
The first step toward the redesign of the reaction wheel was to source a motor that could satisfy
both the torque requirement of less than 2 mNm and the outgassing requirement of %TML <= 1.0
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and %CVCM < 0.1. These constraints have a significant impact on the number of potential
selections as it calls for a specialized lubricant, which most motors do not incorporate. The final
selection was the Faulhaber 1218S006B, which incorporates both vacuum compatible lubricant
and low-outgassing wire insulation made of PTFE and FEP. The motor is rated at a maximum of
1.2 mNm, which is very comparable to commercial models and will allow a 3.6 kg 2U CubeSat
with a “tuna can” space to accelerate at a maximum rate of 3°/s2.
Once the motor had been selected, it was then possible to design the flywheel. In order to store the
most momentum in the smallest possible volume, it was decided to fabricate this component using
a high-density material. Out of the various options, brass was chosen for its relatively low cost and
high machinability. Given the volume constraints that were laid out in the CAD model of the
overall spacecraft, the reaction wheels were designed to give the greatest possible momentum
storage. The final product was 36.20 mm in diameter and 15.56 mm long. Combining the density
of brass, which is approximately 8000 kg/m3, with the dimensions of the wheel, it was found that
the resultant moment of inertia was 7.46E-6 kgm2. Multiplying the inertia with the motor’s
maximum speed of 15000 RPM, the momentum storage can be found to be approximately 11.7
mNms which meets the requirement and is enough to change the rotational rate of the spacecraft
by about 30 dps before saturation.
The components of the reaction wheel assembly are depicted in Figure 3-12. From left to right,
these are: The main housing, one of two ceramic bearings, the flywheel, the motor, the other
ceramic bearing, a gasket, and a cap for the housing. Figure 3-13 shows how the various
components are assembled. The motor is connected to the flywheel through the shaft, this is a fixed
connection made using retaining compound. The main support for this sub-assembly are the
ceramic bearings, which were selected because the hardness and inherently low friction of the
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material negates the need for lubricant. For easy assembly, the bearings have slight clearance fits
with both the main housing and the flywheel. After placing the bearings, flywheel, and motor into
the main housing, the cap is installed; held on by the compressive forces of the mounting hardware.
The cap prevents the motor from rotating relative to the spacecraft by gripping onto it through the
gasket. The cap also has a hole about its central axis to allow for electrical connection to the motor.

Figure 3-12: An exploded view of the designed reaction wheel.

81

Figure 3-13: Cross-sectional view of the assembled reaction wheel.

As depicted in Figure 3-14, the two reaction wheels are to be located on the +x and -y faces such
that each of their central axes intersect the z-axis; the positioning along this axis is such that their
central axes will be at the same z-coordinate as the spacecraft’s center of mass. For this reason,
the z-axis positioning may vary as the spacecraft’s center of mass is further refined. To mount the
reaction wheels, it is planned to manufacture mounting points into the +x and -y sides of the
spacecraft chassis, which will include six 3.4 mm diameter countersunk holes spaced evenly at a
radius of 21.38 mm. Bolts are then inserted into the holes such that they each pass through a spacer,
their corresponding hole the reaction wheel’s housing, and a lock washer before being secured
with a nut. A summary of the reaction wheel’s specifications can be found in Table 3-5.
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Figure 3-14: Depiction of how the reaction wheels are positioned in the spacecraft.
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Table 3-5: Specifications of the reaction wheels

Description

Specification

Quantity:

2

Location:

x and y faces, positioned at the center of mass.

Motor:

Faulhaber 1218S006B

Motor Options:

Low-outgassing vacuum compatible lubricant,
PTFE & FEP wire insulation.

External Bearings:

Ceramic (silicon nitride), PTFE cage, nonlubricated

Speed range:

±15000 rpm

Momentum
Storage:

11.8 mNms @ 15000 rpm

Rated Torque:

1.2 mNm

3.5.2.4 Magnetorquers
As with the sun sensors and reaction wheels, the magnetorquers also had to be designed and
manufactured in-house to comply with the budget of SpudNik-1. Recall from Section 2.5.5 that
magnetorquers are used to apply external torques by changing the disturbance from the earth’s
magnetic field through alteration of the spacecraft’s magnetic dipole. To do so, magnetorquers are
simply electromagnets which superimpose their respective dipoles over the residual dipole which
emanates from the remainder of the spacecraft.
Although the previous ACS team had proposed a design for the magnetorquers, the fact that there
was no requirement set for the magnetic dipole makes it questionable. The process used to define
the design was based off an optimization which supposedly found the highest magnetic field
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density for the least amount of power, given an arbitrary range of magnetorquer lengths and coil
turns. On top of the fact that the magnetic dipole should be the design objective, rather than the
magnetic field density, it is also more important to get the required dipole than it is to get the
combination of design factors which results in the most efficient design. According to the
specifications of the team’s final design, this magnetorquer would end up having a magnetic dipole
of approximately 0.0183 Am2, which is an order of magnitude lower than the 0.2 Am2 produced
by the majority of commercial nanosatellite magnetorquers. Although concern was raised early on
in the project, the rest of the system took priority and the time could never be allocated to determine
whether the magnetic dipole of the proposed design would be acceptable. As a result, it is
suggested that the next student(s) to work on the project further investigate the required dipole and
redesign the magnetorquers accordingly.
Aside from the magnetic dipole, each of the three magnetorquers were designed as solenoids,
meaning that their lengths are greater than their radii. This form-factor makes for easy mounting
of the x- and y-axis magnetorquers to +z face of the power board as their central axes must run
parallel to the board’s surface, meaning that they can lay lengthwise across the board. Note,
however, that the z-axis magnetorquer’s central axis must run perpendicular to the board, meaning
that cannot be easily mounted as it would need to stand on-end. As a result, it was decided in
consultation with the rest of the SpudNik-1 team that the z-axis magnetorquer must be redesigned
into a coil, meaning that its radius must be greater than its length, for easy mounting to the -z side
of the power board.
In order to implement the necessary redesigns to the magnetorquers, the following equations are
needed. The first is used for determining the torque, 𝜏, applied by a magnetorquer:
𝜏 =𝑚×𝐵
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where 𝑚 is the magnetic dipole moment, and 𝐵 is the local magnetic field vector. For a
magnetorquer with no core material, the magnetic dipole moment can be determined as follows:
𝑚𝑐𝑜𝑖𝑙 = 𝑁𝐼𝐴
where 𝑁 is the number of wire turns, 𝐼 is the current, and 𝐴 is the cross sectional area of the
windings. Note, however, that with the addition of a core material, there is an additional dipole:
𝑚𝑐𝑜𝑟𝑒 = 𝑁𝐼𝐴 (

𝜇
− 1)
𝜇0

where 𝜇 is the magnetic permeability of the material and 𝜇0 is the permeability of free space. In
the case that a core material is added, the total magnetic dipole moment is simply the sum of the
two.
𝜇
𝑚 𝑇 = 𝑚𝑐𝑜𝑖𝑙 + 𝑚𝑐𝑜𝑟𝑒 = 𝑁𝐼𝐴 ( )
𝜇0
It can be seen through these equations that the magnetic dipole moment, and therefore the overall
torque caused by the magnetorquer, can be increased by adding a core material of high
permeability. For this reason, the previous ACS team selected a cobalt-iron core material for the
x- and y-axis magnetorquers. Note, however, that the z-axis magnetorquer will have no core
material as it is too large in diameter. The specifications of the current design can be found in
Table 3-6.
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Z-Axis Magnetorquer

X- and Y-Axis Magnetorquers

Table 3-6: Specifications of the magnetorquers.

Description
Location:

Specification
+Z side of power board

Average Coil Diameter:

8.5 mm

Wire gauge:
Turns:
Internal Resistance:
Voltage:
Steady-State Current:
Magnetic Moment:
Core material:
Location:

34-36 AWG
2300
37 Ω
5V
140 mA
0.0183 Am2
Iron-cobalt
-Z side of power board

Average Coil Diameter:

TBD

Wire gauge:
Turns:
Internal Resistance:
Voltage:
Steady-State Current:
Magnetic Moment:
Core material:

34-36 AWG
TBD
TBD
5V
TBD
TBD
No core

3.5.3 Software
The design of the three main functions: Navigation, guidance, and control, will be detailed
throughout this section. These functions work in sequence in order to interpret the sensor inputs,
specify the deviation from the desired attitude, and act accordingly. To best explain the workings
of the functions and describe how they are to be interfaced, lists are shown for the major variables
of each function which are divided into inputs, parameters, and outputs. As their names suggest,
inputs are the variables which are given upon calling the function and outputs are the values that
result from calling the function. Parameters, on the other hand, are variables which exist only
within the scope of the function and are used to alter settings which must be specified, but do not
need to be changed in successive calls to the function.
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3.5.3.1 Navigation
As previously mentioned, the main purpose of the navigation function is to determine the
spacecraft’s current attitude using the sensor inputs; the variables used by the function are as
follows:
Table 3-7: List of inputs to the navigation function.

Input

Description

float wSen[3,1]

The satellite’s angular speed, as measured by the gyroscope.

float uSen[9,1]

The unit sun vector as measured by each of the three sun sensors

float bSen[3,1]

The local magnetic field, as measured by the magnetometer.

float Tc[5,1]

Control signals given to reaction wheels (torque) and magnetorquers
(current)

float x[13,1]

Previous state estimate [r,v,q,w]

float P[6,6]

Covariance of the previous attitude estimate

float tOB

On-board time

struct satrec

Previous orbital data structure

char TLE[2,69]

Two-line element data
Table 3-8: List of parameters for the navigation function.

Parameter

Description

float MFE

Minutes from epoch

float B[3,1]

Local magnetic field vector, modeled with respect to the ECI frame

float U[3,1]

Sun vector, modeled with respect to the ECI frame

float S[6,6]

Cholesky decomposition of the covariance matrix, synonymous to std. dev.

struct models

Data structure containing elements of A (process model), Q (process
covariance), B (measurement model), R (measurement covariance).

float WR[6,13]

The noise of the state estimate, represented as vectors.
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float WQ[7,13]

The noise of the state estimate, with quaternions to represent the noise
in the angular position.

float X[7,13]

A series of state vectors with the same mean and covariance as the
previous estimate

float YQ[7,13]

The result of propagating the vectors in X through the dynamic models.

float YR[7,13]

The propagated state vectors with the angular position expressed in
quaternions

float xPriori[6,1]

The priori state estimate

float PPriori [6,6]

The covariance of the priori state estimate

float Z [15,13]

The measurements obtained from putting the propagated state vectors
through the measurement model.

float zBar [15,1]

The mean measurement vector.

float Pz

Covariance of the measurements

float Pv

Covariance of the measurement with added measurement noise

float Pxz

Cross correclation matrix between the noise of the state and measurement
vectors

float K

Kalman gain

float res

The measurement residual

float qR

Posteriori estimate of angular position, expressed in terms of rotation
vectors.
Table 3-9: List of outputs from the navigation function.

Output

Description

float p[6,6]

Covariance of the current attitude estimate

float x[13,1]

Current state estimate [r,v,q,w,wRWA]

struct satrec

Current orbital data structure

As depicted by the flowchart in Figure A-1 of Appendix A, the navigation function first determines
the satellite’s orbital state by checking the TLE data. If the data has been updated since the last
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iteration, then satrec will be updated using the SGP4 software package’s twoline2rv function.
Otherwise, the satrec structure from the previous iteration will be used. Once the value of satrec
has been determined, its field which contains the time of epoch in units of days, epochdays, will
be used in the conversion of the on-board time to minutes-from-epoch (MFE). Both the satrec
structure and the MFE are then used as inputs to the main SGP4 function, which is also provided
in the SGP4 software package. This function then propagates the state of the satellite through time
to estimate the orbital position and orbital velocity vectors in terms of ECI coordinates.
Once the orbital state has been determined, it is possible to get an estimate of the spacecraft’s
rotational state. Provided that the spacecraft does not yet have an initial estimate, it uses the TRIAD
method to estimate the attitude and the reading of the gyroscope to estimate the angular speed. To
implement the TRIAD method, it first makes use of the IGRF and ephemeris models to determine
the theoretical values of both the local magnetic field vector and sun vector in terms of ECI
coordinates. Once these have been determined with respect to the inertial frame, they are also
measured with respect to the body frame. This is done by: reading the magnetometer and sun
sensors; converting their vector measurements to the body frame through the fixed geometry of
the spacecraft; and applying a weighted average to the three measured sun vectors, where the
weights are dependent on which sensors have the sun within their field-of-view. After the sun and
magnetic field vectors have been both modeled and measured, the triad frame is then used to relate
their values and determine the attitude as explained in Section 2.2.1. Once an initial attitude
estimate is known, it is given to the unscented Kalman filter to determine the most probable
attitude. Note that the sensor readings are to be given to the Kalman filter immediately after they
have been converted to body-frame coordinates, there is no need to average the readings of the sun
sensors as the Kalman filter can combine them on its own.
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Upon completing execution, the navigation function will then output the estimated state vector,
consisting of: the orbital position and orbital velocity vectors, obtained from the SGP4 propagator;
as well as the quaternion and the angular velocity vector, as determined from the Kalman filter.
Along with the estimated state vector, the navigation function also outputs a covariance matrix to
represent the uncertainty in the angular position and velocity estimates. This matrix is given as
input to the next iteration of the Kalman filter and can also be used to make decisions based on the
reliability of the estimate. As a supplement, the function will also output the up-to-date satrec data
structure, such that it does not need to be determined on every iteration of the navigation function.
3.5.3.2 Guidance
As for the guidance function, the variables used by the function are as follows:
Table 3-10: List of inputs to the guidance function.

Input

Description

float uPanel[3,1]

Sun vector as estimated from the output of the solar panels

float P[6,6]

Covariance of the attitude estimate

float rwSen[2,1]

Speed of the reaction wheels, as sensed by the motor driver.

float x[15,1]

State estimate [r,v,q,w,wRWA]
Table 3-11: List of parameters for the guidance function.

Parameter

Description

uint8 PWR

Power flag (high means low-power)

float wLim

Satellite’s angular speed limit

float wSat

Saturation speed of the reaction wheels

uint8 OBDH_mode

Desired mode of the on-board data-handling system.*

float pImg

Maximum attitude variance for imaging

float pCom

Maximum attitude variance for communication
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float uE[3,1]

Calibration mode rotation axis

float aglE

Calibration mode rotation magnitude

float qImg[4,1]

Target quaternion (imaging mode)

float qCom

Target quaternion (comms mode)

*Standby = 0b00, Active (Imaging) = 0b01, Active (Comms) = 0b10
Table 3-12: List of outputs from the guidance function.

Output

Description

uint8 mode

Depicts which mode the ACS subsystem should be in*

float error[4,1]

Error quaternion

*Standby = 0b00, Calibration = 0b01, Active (Imaging) = 0b10, Active (Comms) = 0b11
As can be seen in Figure A-2 of Appendix A, the guidance function works by first assessing
whether: the PWR flag has been set by the on-board data handling (OBDH) subsystem, an anomaly
has been detected in the attitude, the angular rate of the satellite is too great, or the angular rate of
either reaction wheel is too great. If any of these cases are true, then then Detumbling mode will
be selected. This is due to the fact that the design of this mode will result in: the slowing of both
the spacecraft’s rotational rate and the reaction wheel’s rotational rate, which will decrease the
overall power draw as well as provide a more evenly-distributed sun-exposure to each side of the
satellite. This results from the fact that the b-dot algorithm slows the spacecraft with regard to the
local magnetic field vector, which rotates a full 360° with each orbit, and is good for both power
generation and receiving a sun sensor signal.
If none of the aforementioned cases are true, the guidance function will look to the OBDH_mode
register, which is set by the OBDH subsystem to communicate the preferred mode of operation. If
the value of the register is 0b00 (stand-by), then either Calibration or Detumbling mode will be
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selected based on whether the state covariance matrix indicates that the attitude uncertainty is small
enough for both imaging and communications. Otherwise, in the cases where the OBDH_mode
register is set to either 0b01 (Active (Imaging)) or 0b10 (Active (Comms)), the Imaging and
Communication modes will be selected respectfully.
When detumbling mode has been selected, the components of the error quaternion will be given
values of “NaN” as there is no specified orientation for this mode, it simply attempts to keep the
satellite stationary with respect to the local magnetic field vector. For Calibration mode, the error
quaternion is given a value such that the sun sensors will be oriented toward the sun by aligning
the +z-axis of the CubeSat with an approximate sun vector as determined by using the solar panels
as a coarse sun sensor. To do so, the magnitude and axis of rotation are specified as being the dotand cross-products of the respective unit vector. These values can then be used to determine a unit
quaternion, as shown in Section 0, for the desired rotation. The Imaging and Communication
modes are very similar in terms of the error quaternion; they each find the transpose of the current
quaternion, and then multiply it by the desired quaternion. The only difference between the
imaging and comms modes in terms of guidance is the location at which the desired quaternion is
stored, qImg or qCom. These values are to be kept up-to-date by the OBDH system’s scheduler.
They are selected from a list of time-stamped values that is determined on the ground and then
sent to the satellite.
3.5.3.3 Control
Looking now at the control function, the variables are as follows:
Table 3-13: List of inputs to the control function.

Input
float bSen[3,1]

Description
The local magnetic field, as measured by the magnetometer.
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float error[4,1]

Error quaternion

float x[15,1]

State estimate [r,v,q,w,wRWA]

float rwSen[2,1] The speed of the reaction wheel.
uint8 mode

Depicts which mode the ACS subsystem should be in*

*Standby = 0b00, Calibration = 0b01, Active (Imaging) = 0b10, Active (Comms) = 0b11
Table 3-14: List of parameters for the control function.

Parameters

Description

float bStep

Time-step between magnetic field measurements

float Kb

Gain for b-dot to torque output

float bTumb

Limit of B-Dot for a satellite that is considered detumbled.

uint8 Kp[3,1]

Proportional gain for position control

uint8 Kd[3,1]

Derivative gain for position control

unit8 Krw

Gain for wheel speed to magnetorquer output

float n[3,1]

Number of turns in each magnetorquer

float A[3,1]

Surface area of each magnetorquer

float R[3,1]

Resistance of each magnetorquer

float Vs

Supply voltage
Table 3-15: List of outputs from the control function.

Output

Description

float I[2,1]

Motor current (proportional to torque).

float pwm[3,1]

Pulse-width modulated voltage signal for driving the magnetorquers.

The control function, as depicted in Figure A-3 of Appendix A, first looks to the mode input for
the selection of a control logic. In the case where mode = 0b00 (detumbling), the goal is to use the
magnetorquers to dump excess momentum. As described in Section 2.7, the first step to doing so
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is to define the desired torque. To do so, the rate of change of the magnetic field vector is first
determined by taking the difference between the current and previous magnetometer
measurements and dividing that value by the time differential between them. Note that the
measurements are updated at a consistent rate in real-time, so the time differential is a constant
value. Once the magnetic field vector’s rate of change has been found, the b-dot algorithm is used
to find the desired torque.
As explained in Section 2.7.2, the torque is then divided by the magnetic field vector to calculate
the desired magnetic dipole to be exerted by the magnetorquers. After finding the dipole, the theory
of the b-dot algorithm is used to approximate the spacecraft’s angular velocity as the magnetic
field vector’s rate of change. By comparing this value with a threshold value, it can be determined
whether the satellite is currently tumbling. If the value is less than the threshold, then the satellite
is not tumbling and the reaction wheels will be slowed to prevent future saturation. Otherwise, the
wheels will be kept at a constant rate to prevent any further tumbling.
Cases 0b01 (Calibration), 0b10 (Imaging), and 0b11 (Comms) all have very similar control logic.
Other than the possibility of having different control gains, the only difference between them
would be the target quaternion selected by the guidance software. For these cases, the first step is
to determine the control torque based on the error quaternion. As explained in Section 2.7.3, the
specified control logic is designed to rotate the spacecraft about the Euler axis; it uses a PD
controller to zero the off-diagonal terms of the equivalent DCM, but does so in terms of
quaternions to reduce the processing load. Once the desired control torque has been found, the xand y-axis torques are distributed between the reaction wheels and the z-axis torque is provided to
the magnetorquers. In addition to the z-axis control torque, the magnetorquers are also tasked with
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generating x- and y-axis torques which oppose the motion of the reaction wheels to prevent them
from saturating.
After defining the torques, those provided to the reaction wheels are converted to a motor current
using the reaction wheel’s transfer function as determined through system identification. When
pairing the control software with a hardware-implemented system, this current is to be converted
to a pulse-width modulated (PWM) voltage signal as required by to the motor driver’s current
controller. Otherwise, the current signal is output directly when it comes to simulation. Aside from
the motor current, the control function also specifies the PWM output to the magnetorquers. To do
so, the magnetic dipole vector must first be determined by dividing the desired torque by the
magnetic field vector as was done in detumbling mode. The components of this vector are then
divided by the number of turns and the cross-sectional area of their respective magnetorquers to
get the desired currents. Once the currents have been found, they are then multiplied by the
resistances of their respective magnetorquers and divided by the supply voltage to specify the duty
cycle of the PWM signal.
3.5.4 Requirement Verification
As with the sub-system requirements, it is also important to devise a plan for the purpose of
verifying that the unit-level components meet their requirements during the AIT phase. As can be
seen in Table 3-16, that majority of the requirements are to be verified through design. Other than
that, both the accuracy and field-of-view requirements of the sun sensors will be tested. As for the
reaction wheels and magnetorquers, their requirements on momentum storage and magnetic dipole
will be verified through analysis.
Table 3-16: Unit-level requirements and their methods of verification.

Verification
Method

Requirement
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UNT-01

The ACS hardware shall interface with the STM32F429ZIT6
microcontroller on the OBC module.

Design

UNT-02

The sensor suite of the ACS shall incorporate: sun sensor(s), a 3axis magnetometer, and 3-axis gyroscope.

Design

UNT-03

The sun sensor shall have a minimum accuracy of 0.61°.

Test

UNT-04

The sun sensors’ minimum field of view shall include all space in
the positive direction of the spacecraft’s +z face.

Test

UNT-05

The magnetometer shall have a range of measurement which can
detect a field strength that varies on the order of 50μT.

Design

UNT-06

The actuator suite of the ACS shall incorporate: reaction wheel(s),
and magnetorquer(s).

Design

UNT-07

The spacecraft shall incorporate a minimum of two reaction
wheels

Design

UNT-08

Sets of three or less reaction wheels, shall be oriented such that
their axes of rotation are orthogonal with priority going to the axes
that lie parallel to the x-y plane

Design

UNT-09

Sets of four or more reaction wheels shall be oriented such that
any rotation of the spacecraft is dependent on two or more wheels.

Design

UNT-10

The reaction wheels shall have a maximum torque of 2 mNm.

Design

UNT-11

The reaction wheels shall have a momentum storage that lies
between 10 and 30 mNms

Analysis

UNT-12

The spacecraft shall have a total of 3 magnetorquers

Design

UNT-13

The magnetometers shall be mounted orthogonally.

Design

UNT-14

The magnetorquers shall have a magnetic dipole of _ ATm2

UNT-15

The ACS software shall include a “Navigation” function, which
implements a UKF to process the sensor signals into an attitude
state estimate

Design

UNT-17

The ACS software shall include a “Guidance” function, which
uses the state estimate and the desired attitude to determine the
ACS mode of operation and provide the error quaternion.

Design
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Analysis

UNT-18

The ACS software shall include a “Control” function which, based
on the ACS mode of operation, implements either the B-dot
algorithm or a PD controller to send control signals to the
actuators.

Design

UNT-19

All components shall meet NASA outgassing requirements of
TML ≤ 1.0% and CVCM < 0.1%

Design

With regard to the sun sensors, the verification for the accuracy requirement is to be done using
the robotic arm set-up that was previously mentioned and is described in [37]. To do so, it is
planned to mount the sun sensors to the robotic arm’s workstation individually, point the laser endeffector towards the hole in the precision pinhole lens, and move the robotic arm such that the
laser’s angle of incidence changes in 0.61° increments. If each sun sensor gives measurements
which correspond, within a reasonable amount of error, to the required accuracy, then this
requirement will have been met. To account for the field of view requirement, this test will be done
both about an angle of incidence of 0°, and at angles of incidence which approach 120°. Note that
while the laser had worked quite well in the past, it would be more reasonable to implement a point
source of xenon light as this better simulates both flux spectrum distribution of the sun.

Regarding the field-of-view requirement, it is planned to replace the robotic arm’s laser endeffector with a point light source and to mount the sun sensors to the workstation as they would be
mounted to the spacecraft. By using the robotic arm to move the light source around the sun sensor
assembly and recording the measurements of the sun sensors, it can be demonstrated whether the
point light source is within sight for the required field of view.
As for the momentum storage and magnetic dipole, the analyses required to verifying each of these
requirements were already introduced in Section 3.5.2. Recall that the reaction wheels have an
expected momentum storage of 11.7 mNms. While the predicted value lies well within the
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requirement, it should be reevaluated using the physical components when available as this will
account for discrepancies, such as a difference in density of the flywheel material, or the fact that
the motor controller may limit the speed of the motor. As for the magnetorquers, the current design
has a predicted magnetic dipole of 0.02 ATm2. This will need to be evaluated against the
requirement once it has been further defined.
4

RESULTANT PROTOTYPES

Although the timeline of the project was meant to end at the CCP’s CDR, before the AIT phase
had begun, there was some initial work done in this area. While it is far from complete, it is enough
to get the next student(s) straight into unit-level testing.
4.1.1 Sun Sensor Prototype
Regarding the sun sensor, the majority of the components for the first prototype have been
assembled; the only remaining step would be to purchase the precision pinhole lens and
manufacture the housing to which it gets mounted. For the first prototype, the plan is to 3D print
this housing, but the flight-ready model must be made of either a low-outgassing plastic, or a
metallic material. Both sides of the completed circuit board are depicted in Figure 4-1.

Figure 4-1: Prototype of a sun sensor.
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4.1.2 Reaction Wheel Prototype
In addition to the sun sensor, a prototype for the reaction wheel has also been assembled. The result
can be seen in Figure 4-2; this unit is complete and ready for testing.

Figure 4-2: Prototype of a reaction wheel.

4.1.3 Navigation Software
As for the software, a MATLAB script included as Script B-1 of Appendix B, was designed to
implement the unscented Kalman filter as described in Section 2.6.3. To demonstrate its
functionality, a test script, included as Script B-2 of Appendix B, was designed to: import time
variant state vectors of the spacecraft; apply a measurement noise to simulate direct measurements
of the state quaternion; pass these measurements through unscented Kalman filter in sequential
order, using the zero quaternion for the initial quaternion and a zero vector for the initial speed
vector; and plot the results. By importing the results of SN1_MasterSim, which is an adaptation of
Princeton Satellite System’s CubeSatSimulation script, attached as Script B-3 of Appendix B, the
input state quaternion originates from the orbital and attitude dynamics of a spacecraft with similar
properties to SpudNik-1. As can be seen in Figure 4-3, the estimates, shown in blue, correspond
very well with the theoretical state quaternion, shown in red.
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Figure 4-3: Results of the UKF, quaternion estimates are shown in blue where the theoretical values are shown in red.

5
5.1

CONCLUSION AND RECOMMENDATIONS FOR FUTURE WORK
SUMMARY

The purpose of this project was to develop the attitude control system (ACS) of UPEI’s SpudNik1 CubeSat nanosatellite to a state where it is ready for assembly, integration, and testing. The first
step in achieving this goal was to research the fundamental concepts of attitude control. Once these
notions were identified and understood, the mission objectives of the overall spacecraft were used
to revise the system-level requirements related to the ACS; or those which define the performance
characteristics to be achieved by the overall spacecraft.
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Once the system-level requirements were known, the subsystem-level design had commenced.
During this design phase, the system-level requirements were used to derive the necessary
performance characteristics of the ACS; these were then used to refine the subsystem-level
requirements. With knowledge of the requirements, the layout of the overall ACS was specified,
along with its major components; these would include: the simulator, the various types of sensors
and actuators, as well as the algorithms to be used in the guidance, navigation, and control
software.
Lastly, with all the major components being defined, the next step was to determine their
specifications such that the assembled components would meet the higher-level requirements; this
was the basis on which the unit-level requirements were refined. In knowing the requirements, the
detailed designs of the various unit-components, such as the sun sensors and reaction wheels, were
specified. Along with the various methods of requirement verification that were proposed
throughout the system-, subsystem-, and unit-level design phases, this work successfully brought
the system past the CSA’s CCP critical design review (CDR), a major milestone which approves
the transition of the project from the design phase to the assembly, integration, and testing (AIT)
phase.
5.2

CONTRIBUTIONS

In addition to contributing the detailed design of an attitude control system to the Spudnik-1 team,
the findings of this project can also serve as a reference for other teams working toward space
missions that require the use of an ACS; especially those involving low-earth orbiting (LEO)
spacecraft. The majority of ACS publications tend to focus on the details of specific component
or concept, such as a sun as a sun sensor [31] or a Kalman filter [12]. In doing so, the overall
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system itself is often left at a high level of abstraction; which compels the reader to speculate on
how the component or concept fits within the system.
In contrast to these publications, this work provides a comprehensive perspective that focuses on
the identification, integration, and implementation of the major elements of an attitude control
system. Beginning with the research presented in Section 5, this not only offers detailed
information on the definition, measurement, modeling, estimation, and control of a spacecraft’s
attitude, but also identifies: the connections between these concepts; the hardware used to
implement the concepts in a real-world application; and the various considerations that should be
taken during this implementation.
Aside from the research that was done, Section 3 describes the procedure used to develop the
attitude control subsystem of the SpudNik-1 CubeSat. It details: how the requirements of the
attitude control subsystem were identified from the spacecraft’s mission and the corresponding
system requirements; how the major components and concepts of the ACS are identified from the
subsystem requirements, and integrated through the subsystem architecture; how the unit-level
requirements are identified based on the subsystem-level design; and how the implementation of
the various components and concepts is dependent on the unit level requirements.
While a good deal of the design is standard with regard to CubeSats and other aerospace projects,
the original aspects would relate to the in-house design of the reaction wheels and fine sun sensors.
Being as there are a wide selection of ACS components available on the market, it is most common
for CubeSat projects to procure their hardware. Although the lack of flight heritage did pose
additional risk to the mission in comparison to using commercial equipment, the in-house design
allowed the components to be both tailored to the mission and produced at a fraction of the cost.
If the designs manage to succeed past the CSA’s flight readiness review, and are able to gain flight
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heritage on-board of the SpudNik-1 CubeSat, then this work will provide readers with standard
frameworks which will allow them to reap the same benefits, but at a lower level of risk.
Key contributions resulting from the design of the reaction wheels would be: the selection of a
specialized brushless DC motor, the design of the flywheel, and the selection of ceramic bearings
to support the flywheel inside the main housing of the device. One of the major factors that were
considered in the selection of the motor was the that it satisfies the standard outgassing requirement
of TML ≤ 1.0% and CVCM < 0.1% by incorporating a specialized lubricant as well as PTFE and
FEP wire insulation. Combined with reasonable torque, speed, and size specifications that are
comparable to commercial equipment, the motor appears to be suitable for CubeSat applications.
Given the motor’s speed specification, the flywheel was designed for the maximum allowable
momentum storage, based on volumetric constraints. To do so, brass material was selected for its
high-density, low-cost, and ease of machining. The result was within the range of found in
comparable off-the-shelf reaction wheels. Lastly, the design called for the use of bearings, such
that the flywheel could be supported, but still rotate with respect to the reaction wheel’s housing.
These were selected to be ceramic bearings as their hardness makes for inherently low friction.
The low friction eliminates outgassing concerns as they can operate extensively without the need
for lubricant, which most bearings require.
As for the sun sensors, the key contributions resulting from their design would be: The selection
of a position sensitive detector (PSD) and matching pinhole lens, as well as the required circuitry
for interfacing the output of the PSD with a microcontroller. As for the PSD, is was selected for
the fact that it decreased the processing load and the number of physical connections when
compared to a low-fidelity model that had implemented a CMOS image sensor. While the accuracy
of the CMOS image sensor was found to be ±0.17°, which was well within the sensing
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requirements of the SpudNik-1 project, the selection of the PSD is expected to provide a resolution
closer to 0.02° – 0.05°, meaning that it also has the potential for increased accuracy. The PSD’s
datasheet also recommends a small spot-diameter of 200 micron, and so a precision pinhole lens
was also selected to correspond with this suggestion. On its own, a PSD cannot provide a signal
that is readable by a microcontroller. As a result, some signal conditioning circuitry was also
identified. This converts the current outputs of the PSD to voltage signals, which can interface
with the analog-to-digital converter of a microcontroller.
5.3

RECOMMENDATIONS FOR FUTURE WORK

While the current design of the attitude control system is presumed to meet the mission
requirements of the SpudNik-1 project, and was even approved by the CSA following the CDR,
an important note would be that it is based solely on theoretical knowledge. As a result, there is a
high probability that alterations will need to be made before the flight model is complete; this is
the purpose of the upcoming AIT phase: to identify the issues within the design and provide insight
as to which alterations need to be made. Before continuing into the AIT phase, however, an
additional analysis should be done and a sensing algorithm should be developed with regard to the
use of the power system’s solar cells as coarse sun sensors, especially as they are only located on
three sides of the spacecraft.
Although the entire design is subject to what is found throughout AIT, certain segments are more
liable to change than others. With regard to the suggested architecture, it is unlikely that this will
change as it outlines a standard closed-loop control system where a plant, made up of the actuators
and simulated flight dynamics, receives input from a controller, implemented in the control
software, that operates off the error between the desired setpoint and the feedback that is provided
by the sensors and navigation software. Also, being as both the components that were selected for
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the hardware suite and the algorithms selected for use in the software are widely accepted in the
space industry, and chosen as the most feasible options for a low-earth orbiting spacecraft with
stringent pointing requirements, it is expected that these decisions will be proven acceptable during
assembly, integration, and testing.
The area in which the design is most likely to change would be at the unit-level, particularly the
design of the unit-level hardware. Without having functional representations of both the hardware
and the software that can interface with the simulator, it has not yet been possible to fully determine
the exact magnitude to which the system must change the spacecraft’s momentum, or the exact
timeframe in which it is most desirable to do so; this is why the specifications of commercial
hardware were considered when designing the unit-level hardware components. While the overall
design of the components should not require any major changes, their various design parameters
such as the geometry of the reaction wheel’s flywheel, or the magnetorquer’s number of turns,
may change in order to “tune” the specifications of the components to the given situation.
Similarly, the system response will not be visible until the functional representations has been
interfaced with the simulator either; this means that the various gains throughout the software will
remain as variables until this task has been completed.
As a result, the next step in the design of Spudnik-1’s ACS would be to complete the MATLAB
representation of the flight software; this would involve finalizing the script for the navigation
software and the generation of two more scripts for the guidance and control. Once the software
has been fully represented, additional scripts should be written to implement the transfer functions
of the hardware components as a method of interfacing the inputs and outputs of the software to
those of the simulator; these transfer functions could be generated using mathematical models and
verified through additional testing, or they could be produced from empirical data using
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MATLAB’s system identification toolbox. While the former could provide more insight, and
therefore make it easier to adjust the design parameters of the hardware components themselves,
the latter is liable to be the faster and more accurate method of the two.
After the system has been fully represented in MATLAB, the simulator should be used to examine
the dynamic response of the spacecraft; this information can be used to tune the system, starting
with the software gains and then, if necessary, the design parameters of the unit-level hardware
components. Once the system is tuned, the simulation can be used to verify that the entirety of PEI
can be imaged at least once every two weeks as per the requirement. In knowing the necessary
adjustments, the physical models of the hardware components can then be adapted and tested to
ensure that they meet these specifications. Once this has been done, and the software has been
translated C++ for implementation into the primary microcontroller, the ACS will be ready for
installation into the overall system.
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Appendix A - SOFTWARE FLOW CHARTS

Figure A-1 (a): Flowchart of the navigation function.
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Figure A-1 (b): Flowchart of the navigation function.
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Figure A-2 (a): Flowchart of the guidance function.
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Figure A-2 (b): Flowchart of the guidance function.
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Figure A-3 (a): Flowchart of the control function.
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\

Figure A-3 (b): Flowchart of the control function.
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Appendix B - MATLAB SCRIPTS
Script B-1:
function [xBar, P, debug]= UKF_Dynamic(xBar, P, models, z)
% Note that the Q2AU used to get the priori estimate in terms of rotation
% vectors will automatically specify the rotation to be in the range of +/% 180 degrees; this may cause conflict in the comparison between the priori
% estimate and the measurments. If so, make sure that the measurement
% vectors are also in the range of +/- 180.
% INPUTS:
%
xBar:
%
P:
%
models:
%
z:

mean state estimate
state estimate covariance
Model structure
Measurement vector

% OUTPUTS:
%
xBar:
%
P:

mean state estimate
state estimate covariance

if nargin == 0
% Output data structure for the models.
models = struct;
models.A = @Process_Model_Test;
models.inputA = struct;
models.inputA.dT = zeros; % Seconds
models.inputA.d = struct;
models.inputA.t = zeros;
models.inputA.x = zeros(14,1);
models.Q = eye(6);
models.B = @Measurement_Model_Test;
models.inputB = struct;
models.inputB.r = zeros(3,1);
models.inputB.jD = zeros;
models.R = eye(6);
xBar = models;
return
end
debug = struct('test1',zeros(size(P,1),2*size(P,2)+1),...
'test2',zeros(size(P,1),2*size(P,2)+1),...
'test3',zeros(7,1),...
of the priori estimate
'test4',zeros(size(z,1),2*size(P,2)+1),...
the propagated sigma points
'test5',zeros(size(z,1)-1,2*size(P,2)+1));
rotation vector format

% Sigma points
% Propagated sigma points
% Quaternion representation
% Expected measurements of
% Expected measurements in

% % -------------------------------- test -------------------------------- %
%
% test = RK4(models.A,models.inputA.x, models.inputA.dt, models.inputA.t,
models.inputA.d );
%
% % ---------------------------------------------------------------------- %
%% Find sigma points
n = size(P,1);
% Find noise vectors from covariance of previous estimate and process noise
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S = chol(P+models.Q,'lower');
WR = sqrt(n)*[-S,zeros(n,1),S];
%
------%
%
%
%
%

% % ------------------------------- Static Testing -------------------------% Test that the mean of W set is zero
test1 = abs(mean(WR,2) - 0) < 0.00001
% Test that W set has the same covariance as P + Q
test2 = abs(cov(WR')-(P+models.Q)) < 0.00001
% % -------------------------------------------------------------------------

% Applying noise vectors to determine sigma points
W = zeros(size(WR));
% Initialize noise quaternion storagestorage
X = zeros(size(W));
% Initialize sigma point storage
for i = 1 : size(W,2)
% Convert the noise vectors to quaternions
a = sqrt(sum(WR(1:3,i).^2));
% Find magnitude
u = Unit(WR(1:3,i));
% Find unit vector
if isnan(u)
u = [0;0;0];
end
W(1:4,i) = AU2Q(a,u);
% Find quaternion, unrotated (body) to rotated
(disturbed body) frame .
W(5:7,i) = WR(4:6,i);
% Shift velocity components to account for
extra parameter
% Disturb the mean state vector
X(1:4,i) = quatmultiply(W(1:4,i)',xBar(1:4)')';
% Applying compounding
rotation to get quaternion (inertial to disturbed body) components
X(5:7,i) = xBar(5:7)+W(5:7,i);
% Additive noise to the
velocity components
end
% ------------------------------- Dynamic Testing ------------------------------- %
debug.test1 = X;
% ------------------------------------------------------------------------------- %
%
% ------------------------------- Static Testing -------------------------------%
% Convert the previous estimate to rotation vector notation
%
xBarR = zeros(6,1);
%
[a,u] = Q2AU(xBar(1:4));
% Rotation vector describing the body frame
orientation in interial coords
%
xBarR(1:3) = a*u;
%
xBarR(4:6) = xBar(5:7);
% Shift velocity components to account for lost
parameter
%
%
% Determine rotation vectors of sigma points for plotting
%
XR = zeros(size(W)-[1 0]);
%
for i = 1:size(X,2)
% Convert to rotation vectors (just for
testing purposes)
%
[a,u] = Q2AU(X(1:4,i));
% Rotation vector describing the body frame
orientation in interial coords
%
XR(1:3,i) = a*u;
%
XR(4:6,i) = X(5:7,i);
% Shift velocity components to account for
lost parameter
%
end
%
%
% Testing that the mean of the sigma points equals that of the input
distribution
%
test3 = abs(mean(XR,2)-xBarR) < 0.1
%
% Testing that the covariances of the sigma points equals that of the input
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%
% distribution with process noise
%
test4 = abs(cov(XR')-(P+models.Q)) < 0.1
%
for i = 1 : size(WR,2)
%
plot3([0 WR(1,i)],[0 WR(2,i)], [0 WR(3,i)],'r') % Noise vectors (red)
%
hold on
%
plot3([0 XR(1,i)],[0 XR(2,i)], [0 XR(3,i)],'g') % Sigma point rotation
vectors (green)
%
end
%
plot3([0 xBarR(1)],[0 xBarR(2)], [0 xBarR(3)],'b') % Mean rotation vector
of previous estimate (blue)
%
% ------------------------------------------------------------------------%% Propagate sigma points through process model
% Two methods. The velocity estimation ends up being the same either way,
% but the quaternion estimates get to be different as the time step
% increases. RK4 method seems to break the unity constraint more and more
% with larger time steps.
Y = zeros(size(X));
for i = 1 : size(X,2)
%
Y(:,i) = models.A(X(:,i),models.inputA.dt);
y = RK4(models.A,[models.inputA.x(1:6);X(:,i);models.inputA.x(14)],
models.inputA.dt, models.inputA.t, models.inputA.d );
Y(:,i) = y(7:13);
% -------------------------------- dynamic testing -------------------------------- %
% ---------------------------------------------------------------------- %
end
debug.test2 = Y;
%% Find priori state estimate and its covariance
% Convert quaternions to rotation vectors to find average
YR = zeros(size(Y)-[1 0]);
for i = 1:size(YR,2)
[a,u] = Q2AU(Y(1:4,i)); % rotation vector describing the body frame orientation in
interial coords
if Y(1,i) < 0 % if state quaternion says > 180 degree, give full rotation (up to
360)
u = -u;
a = 2*pi-a;
end
YR(1:3,i) = a*u;
YR(4:6,i) = Y(5:7,i); % Shift velocity components to account for lost parameter
end
% Find average state estimate
xPriori = mean(YR,2);
debug.test3 = [AU2Q(norm(xPriori(1:3)),Unit(xPriori(1:3)));xPriori(4:6)];
%
%
%
%
%
%
%

% Find covariance (manually)
sumSE = 0;
for i = 1 : size(YR,2)
SE = (YR(:,i)-xPriori)*(YR(:,i)-xPriori)';
sumSE = sumSE + SE;
end
PPriori = sumSE / (size(YR,2)-1);

%Find covariance (using MATLAB function)
PPriori = cov(YR');
%{
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%
%
%
%
%
%

THIS IS THE WAY THAT [15] SUGGESTED CALCULATING P, BUT IT GIVES A 7X7
MATRIX, WHERE THE COVARIANCE SHOULD BE 6X6. FOR THE ELEMENTS CORRESPONDING
TO SPEED (BOTTOM RIGHT 3X3 MATRIX), IT GIVES THE SAME VALUES AS THE
IMPLEMENTED METHOD. NOT SURE IF THE REST OF THE ELEMENTS LINE UP THOUGH AS
ONE USES QUATERNIONS AND THE OTHER USES ROTATION VECTORS. DEFINATELY GIVES
THE SAME VALUES FOR THE ELEMENTS CORRESPONDING TO SPEED , BUT I'M

sumSE = 0;
Wp = zeros(size(YQ));
for i = 1 : size(YQ,2)
Wp(:,i) = [quatmultiply(YQ(1:4,i)',QPose(xPriori(1:4))')';...
YQ(5:7,i)-xPriori(5:7)];
SE = Wp(:,i)*Wp(:,i)';
sumSE = sumSE + SE;
end
P2 = sumSE / size(YQ,2)
%}
% Determine expected measurements from measurement model
Z = zeros(size(Y));
for i = 1 : size(Y,2)
%
Z(:,i) = models.B(Y(:,i),models.inputB.r,models.inputB.jD);
Z(:,i) = models.B(Y(:,i));
end
debug.test4 = Z;
% ------------------------------- Testing --------------------------------% Assume that the quaternion is directly read by the sensors (set B such
% that Z = Y). the following code will will convert Z to be in terms of
% rotation vectors such that the next line of code can properly get the
% average and covariance of the measurement estimate.
ZR = zeros(size(Z,1)-1,size(Z,2));
for i = 1:size(Z,2)
[a,u] = Q2AU(Z(1:4,i));
if Z(1,i) < 0 % if Z > 180 degree, give full rotation (up to 360)
u = -u;
a = 2*pi-a;
end
ZR(1:3,i) = a*u;
ZR(4:6,i) = Z(5:7,i); % Shift velocity components to account for lost parameter
end
debug.test5 = ZR;
% ----------------------------------------------------------------% Find average measurement estimate
zBarR = mean(ZR,2);
%
%
%
%
%
%
%

% Find covariance (manual)
sumSE = 0;
for i = 1 : size(Z,2)
SE = (Z(:,i)-z)*(Z(:,i)-z)';
sumSE = sumSE + SE;
end
Pz1 = sumSE / (size(Z,2)-1);

% Determine covariance of measurement
Pz = cov(ZR');
% Add measurement noise
Pv = Pz + models.R;
% Cross-covariance matrix between priori estimate and expected measurements
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Pxz = zeros(size(YR,1),size(ZR,1));
sumSE = 0;
for i = 1 : size(ZR,2)
SE = (YR(:,i)-xPriori)*(ZR(:,i)-zBarR)';
sumSE = sumSE + SE;
end
Pxz = sumSE/(size(ZR,2)-1);
% Find kalman gain
K = Pxz*inv(Pv);

% ----- Convert measurement to rotation vector (may become obsolete)----- %
zR = zeros(size(z,1)-1,1);
[a,u] = Q2AU(z(1:4));
if z(1) < 0 % if z > 180 degree, give full rotation (up to 360)
u = -u;
a = 2*pi-a;
end
zR(1:3) = a*u;
zR(4:6) = z(5:7);
% ---------------------------------------------------------------------- %
% Find residual
r = zR - zBarR;
% Detemermine next estimate
xBarR = xPriori + K*r;
% Convert rotation vector of estimate to a quaternion
xBar = [AU2Q(norm(xBarR(1:3)),Unit(xBarR(1:3)));...
xBarR(4:6)];
% determine covariance of next estimate
P = PPriori-K*Pv*K';
end

123

Script B-2:

load testworkspace.mat % workspace after running SN1_MasterSim
dT = dT; % 10 sec
SR = 1/10; % hz
% Initializing storage
rPlot = zeros(3,size(xPlot,2));
zRPlot = zeros(6,dT*SR*size(xPlot,2));
zQPlot = zeros(7,dT*SR*size(xPlot,2));
xBarPlot = zeros(7,dT*SR*size(xPlot,2));
test1Plot = zeros(7,13,dT*SR*size(xPlot,2));
test2Plot = zeros(7,13,dT*SR*size(xPlot,2));
test3Plot = zeros(7,dT*SR*size(xPlot,2));
test4Plot = zeros(7,13,dT*SR*size(xPlot,2));
test5Plot = zeros(6,13,dT*SR*size(xPlot,2));

%% Kalman Filtering
% Setup
models = UKF_Dynamic();
models.A = @RHSCubeSat;
models.inputA.dt = dT;
models.inputA.d = d;
models.Q = 0.005*eye(6);
models.B = @Measurement_Model;
models.R = 0.1*eye(6);
xBar = [QZero;zeros(3,1)]; %xPlot(7:13,1)
P = 1*eye(6);
% % Generate measurements
% For each simulated state vector
for i = 0:size(xPlot,2)-1
% Generate measurements, depending on sampling rate and simulation time step
for j = 0:SR*dT-1
sampleNum = uint64(i*SR*dT+j+1);
% Determine measurement noise vector from covariance matrix
nR = chol(models.R,'lower')*randn(6,1);
% Create dataset with correct
covariance
% Generate measurement by applying noise quaternion and adding velocity noise
nQ = [AU2Q(norm(nR(1:3)),Unit(nR(1:3)));nR(4:6)]; % Convert rotation vector to
zQ = [quatmultiply(nQ(1:4)',xPlot(7:10,i+1)')';nR(4:6)+xPlot(11:13,i+1)];
% Determine equivalent rotation vector
[a,u] = Q2AU(zQ(1:4)); % Q2AU will reduce rotations greater than 180 degrees
if zQ(1) < 0 % if state quaternion says > 180 degree, give full rotation (up
to 360)
u = -u;
a = 2*pi-a;
end
zR = [a*u;zQ(4:6)];
% Store measurements
zRPlot(:,sampleNum) = zR;
zQPlot(:,sampleNum) = zQ;
end
end
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% Determine the time stamps for each sample
sampleTime = zeros(1,SR*dT*(size(xPlot,2)));
for i = 0:SR*dT:SR*dT*(size(xPlot,2)-1)
sampleTime(i+1 : i+SR*dT) = i/SR;
end
% ------------------------------- testing ------------------------------- %
% models.A = @(x,dt) x;
models.B = @(y,dt) y;
% ----------------------------------------------------------------------- %
% For each state
disp(xBar)
sampleNum = 0;
for i = 0:size(xPlot,2)-1
% For each measurement
for j = 0:SR*dT-1
sampleNum = sampleNum+1
%
%
%
%
%

progress = 100 * sampleNum / (size(xPlot,2) * (SR*dT))
if abs(0-rem(progress,5)) <0.01
fprintf("%d%%\n",progress);
end
models.inputA.t = sampleTime(sampleNum);
models.inputA.x = xPlot(:,i+1);

%
%

models.inputB.jD = i
models.inputB.r = xPlot(1:3,i+1);
[xBar,P,debug] = UKF_Dynamic(xBar,P,models,zQPlot(:,sampleNum));
% Store Result
xBarPlot(:,sampleNum) = xBar;
test1Plot(:,:,sampleNum) = debug.test1;
test2Plot(:,:,sampleNum) = debug.test2;
test3Plot(:,sampleNum) = debug.test3;
test4Plot(:,:,sampleNum) = debug.test4;
test5Plot(:,:,sampleNum) = test5;

%
end
end

%% Convert state quaternion to a rotation vector for plotting purposes
for i = 1 : size(xPlot,2)
[a,u] = Q2AU(xPlot(7:10,i)); % Q2AU reduces rotation to 180 degree and under
if xPlot(7,i) < 0 % if state quaternion says > 180 degree, give full rotation (up
to 360)
u = -u;
a = 2*pi-a;
end
r = a*u;
rPlot(:,i) = r;
end
close all
%% Plotting
% - testing - %
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% test1
% shows a scatter plot of the sigma points (blue) and the actual value that
% they should correspond to (red, previous value of xPlot)
figure
subplot(4,1,1)
for i = 1 : size(test1Plot,3)
scatter(ones(1,size(test1Plot,2))*sampleTime(i),test1Plot(1,:,i),3,'b*')
if i == 1
hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(7,1:size(xPlot,2)-1),3,'r*');
title('test1plot (sigma points)');
ylim([-1 1])
subplot(4,1,2)
for i = 1 : size(test1Plot,3)
scatter(ones(1,size(test1Plot,2))*sampleTime(i),test1Plot(2,:,i),3,'b*')
if i == 1
hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(8,1:size(xPlot,2)-1),3,'r*');
ylim([-1 1])
subplot(4,1,3)
for i = 1 : size(test1Plot,3)
scatter(ones(1,size(test1Plot,2))*sampleTime(i),test1Plot(3,:,i),3,'b*')
if i == 1
hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(9,1:size(xPlot,2)-1),3,'r*');
ylim([-1 1])
subplot(4,1,4)
for i = 1 : size(test1Plot,3)
scatter(ones(1,size(test1Plot,2))*sampleTime(i),test1Plot(4,:,i),3,'b*')
if i == 1
hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(10,1:size(xPlot,2)-1),3,'r*');
ylim([-1 1])
%
%
%
%

test2
shows a scatter plot of the propagated sigma points (blue) and the values
that they should correspond to
should correspond to (red, next value of xPlot)
figure
subplot(4,1,1)
for i = 1 : size(test2Plot,3)
scatter(ones(1,size(test2Plot,2))*sampleTime(i),test2Plot(1,:,i),3,'b*')
if i == 1
hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(7,2:size(xPlot,2)),3,'r*');
title('test2plot (propagated sigma points)');
ylim([-1 1])
subplot(4,1,2)
for i = 1 : size(test2Plot,3)
scatter(ones(1,size(test2Plot,2))*sampleTime(i),test2Plot(2,:,i),3,'b*')
if i == 1
hold on
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end
end
scatter(time(1:size(time,2)-1),xPlot(8,2:size(xPlot,2)),3,'r*');
ylim([-1 1])
subplot(4,1,3)
for i = 1 : size(test2Plot,3)
scatter(ones(1,size(test2Plot,2))*sampleTime(i),test2Plot(3,:,i),3,'b*')
if i == 1
hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(9,2:size(xPlot,2)),3,'r*');
ylim([-1 1])
subplot(4,1,4)
for i = 1 : size(test2Plot,3)
scatter(ones(1,size(test2Plot,2))*sampleTime(i),test2Plot(4,:,i),3,'b*')
if i == 1
hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(10,2:size(xPlot,2)),3,'r*');
ylim([-1 1])
% test3
figure
subplot(4,1,1)
scatter(time,test3Plot(1,:),3,'b*')
hold on
scatter(time(1:size(time,2)-1),xPlot(7,2:size(xPlot,2)),3,'r*');
title('test3Plot (priori estimate)')
ylim([-1 1])
subplot(4,1,2)
scatter(time,test3Plot(2,:),3,'b*')
hold on
scatter(time(1:size(time,2)-1),xPlot(8,2:size(xPlot,2)),3,'r*');
ylim([-1 1])
subplot(4,1,3)
scatter(time,test3Plot(3,:),3,'b*')
hold on
scatter(time(1:size(time,2)-1),xPlot(9,2:size(xPlot,2)),3,'r*');
ylim([-1 1])
subplot(4,1,4)
scatter(time,test3Plot(4,:),3,'b*')
hold on
scatter(time(1:size(time,2)-1),xPlot(10,2:size(xPlot,2)),3,'r*');
ylim([-1 1])
% test5
figure
subplot(4,1,1)
for i = 1 : size(test2Plot,3)
scatter(ones(1,size(test2Plot,2))*sampleTime(i),test2Plot(1,:,i),3,'b*')
if i == 1
hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(7,2:size(xPlot,2)),3,'r*');
title('test5plot (measured rotation vectors)');
ylim([-1 1])
subplot(4,1,2)
for i = 1 : size(test2Plot,3)
scatter(ones(1,size(test2Plot,2))*sampleTime(i),test2Plot(2,:,i),3,'b*')
if i == 1
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hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(8,2:size(xPlot,2)),3,'r*');
ylim([-1 1])
subplot(4,1,3)
for i = 1 : size(test2Plot,3)
scatter(ones(1,size(test2Plot,2))*sampleTime(i),test2Plot(3,:,i),3,'b*')
if i == 1
hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(9,2:size(xPlot,2)),3,'r*');
ylim([-1 1])
subplot(4,1,4)
for i = 1 : size(test2Plot,3)
scatter(ones(1,size(test2Plot,2))*sampleTime(i),test2Plot(4,:,i),3,'b*')
if i == 1
hold on
end
end
scatter(time(1:size(time,2)-1),xPlot(10,2:size(xPlot,2)),3,'r*');
ylim([-1 1])
% ----------- %
% % Measured values
% Plot quaternion measurements
figure
subplot(4,1,1)
scatter(sampleTime,zQPlot(1,:),1,'*')
ylim([-1 1])
title('Quaternion measurements');
subplot(4,1,2)
scatter(sampleTime,zQPlot(2,:),1,'*')
ylim([-1 1])
subplot(4,1,3)
scatter(sampleTime,zQPlot(3,:),1,'*')
ylim([-1 1])
subplot(4,1,4)
scatter(sampleTime,zQPlot(4,:),1,'*')
ylim([-1 1])
% Plot rotation vector measurements
figure
subplot(3,1,1)
scatter(sampleTime,zRPlot(1,:),1,'*')
ylim([-3,3])
title('Rotation vector measurements');
subplot(3,1,2)
scatter(sampleTime,zRPlot(2,:),1,'*')
ylim([-3,3])
subplot(3,1,3)
scatter(sampleTime,zRPlot(3,:),1,'*')
ylim([-3,3])
% Plot speed measurements
figure
subplot(3,1,1)
scatter(sampleTime,zQPlot(5,:),1,'*')
title('Speed measurements');
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subplot(3,1,2)
scatter(sampleTime,zQPlot(6,:),1,'*')
subplot(3,1,3)
scatter(sampleTime,zQPlot(7,:),1,'*')
% % Estimated vs actual values
figure
subplot(4,1,1)
plot(sampleTime,xBarPlot(1,:)) % Estimate
title('Estimated vs Actual Quaternion');
ylim([-1 1])
hold on
plot(time,xPlot(7,:),'r')
% Actual
subplot(4,1,2)
plot(sampleTime,xBarPlot(2,:))
ylim([-1 1])
hold on
plot(time,xPlot(8,:),'r')
subplot(4,1,3)
plot(sampleTime,xBarPlot(3,:))
ylim([-1 1])
hold on
plot(time,xPlot(9,:),'r')
subplot(4,1,4)
plot(sampleTime,xBarPlot(4,:))
ylim([-1 1])
hold on
plot(time,xPlot(10,:),'r')
% Plot actual rotation vector
figure
subplot(3,1,1)
plot(time,rPlot(1,:))
ylim([-3,3])
title('Actual Rotation Vector');
subplot(3,1,2)
plot(time,rPlot(2,:))
ylim([-3,3])
subplot(3,1,3)
plot(time,rPlot(3,:))
ylim([-3,3])
% Plot actual speed
figure
subplot(3,1,1)
plot(sampleTime,xBarPlot(5,:)) % Estimate
title('Estimated vs Actual Speed');
hold on
plot(time,xPlot(11,:),'r')
% Actual
subplot(3,1,2)
plot(sampleTime,xBarPlot(6,:)) % Estimate
hold on
plot(time,xPlot(12,:),'r')
% Actual
subplot(3,1,3)
plot(sampleTime,xBarPlot(7,:)) % Estimate
hold on
plot(time,xPlot(13,:),'r')
% Actual
figure
subplot(3,1,1)
plot(time,xPlot(11,:))
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title('Actual Speed');
subplot(3,1,2)
plot(time,xPlot(12,:))
subplot(3,1,3)
plot(time,xPlot(13,:))
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Script B-3:
close all

%% SpudNik-1 Simulation Demo
% Alteration of CubeSatSimulation.m to suit SpudNik-1
% Based on an old ISS TLE:
%1 25544U 98067A
19164.29818287 .00002091 00000-0 42902-4 0 9999
%2 25544 51.6457 20.6007 0007856 43.3092 286.3181 15.51199483174649
%% Adding folders in which sub-routines are located
addpath('SN1_Parameters');
%% Defining the Satellite
% ---------------------------- Surface model ----------------------------%
% Specify the surface model properties. Used to calculate the forces on
% the CubeSat from drag and radiation pressure.
%------------------------------------------------------------------------% Defining the shape of the SpudNik-1 CubeSat
cube = '2U';
frameOnly = true;
% Determining the surface model, d, from CubeSat properties
[v, f, d] = CubeSatModel(cube, SN1_Properties(), frameOnly);
% Inertia from CubeSatModel doesn't look quite right. Setting it to my
% calculated values.
d.inertia = [0.01988, 0, 0; 0, 0.01988, 0; 0, 0, 0.0078];
% ------------------------- Power system model ------------------------- %
% Specify solar cells on each face and the battery capacity. The six one's
% in solarCellArea indicate that this model has a solar cell completely
% covering all six faces of the CubeSat. If you changed one of the one's to
% a zero, then the model would have one face with no solar cell.
%------------------------------------------------------------------------%d.power.solarCellNormal
= d.surfData.nFace;
%d.power.solarCellEff
= 0.15;
%d.power.effPowerConversion = 0.8;
%d.power.solarCellArea
= 0.1*0.05*[1 1 1 1 1 1];
%d.power.consumption
= 0.5;
%d.power.batteryCapacity
= 40000; % J
% ------------------------------- Orbit -------------------------------- %
% Define the orbital parameters and the time at which they were applicable
% ---------------------------------------------------------------------- %
% Specify time of epoch (TLE line 1 field 4)
year = 2019;
month = 6;
day = 13;
hour = 7;
minute = 9;
second = 23;
d.jD0 = Date2JD([year month day hour minute second]);
% Define orbital path (TLE line 2 fields 3 - 8)
a0 = 413 + 6378.165;
% Semi-major axis
i0 = deg2rad(51.6457);
% Inclination
W0 = deg2rad(20.6007);
% Right Ascension of the Ascending Node
w0 = deg2rad(43.3092);
% Argument of Perigee
e0 = 0.0007856;
% Eccentricity
M0 = deg2rad(286.3181);
% Mean Anomaly
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el = zeros(6,1);
el = [a0, i0, W0, w0, e0, M0];
%% Selecting Model Settings (Mostly left at default)
% ------------------------------- Planet ------------------------------- %
% Specify the planet we are orbiting and its radius.
% ---------------------------------------------------------------------d.planet = 'earth';
d.rP = 6378.165;
% --------------------------- Specify models --------------------------- %
% Specify processes which the simulation should use.
%------------------------------------------------------------------------d.surfData.att.type = 'eci';
d.aeroModel
= @CubeSatAero;
d.opticalModel
= @CubeSatRadiationPressure;
d.skewOmegaEarth = Skew([0;0;7.291e-5]); % Not sure why we do this
% ------------ Solar flux Prediction and Atmospheric Density ------------ %
% Get the solar flux predictions for the atmospheric density model. The
% atmospheric density model used is Jacchia's 1970 model. See the function
% AtmJ70 for more information. To use AtmDens2 instead of AtmJ70, set
% d.atm to empty (d.atm = []).
%-------------------------------------------------------------------------[aP, f, fHat, fHat400] = SolarFluxPrediction( d.jD0, 'nominal' ); %
SolarFluxPrediction data only good until 2020
d.atm.aP
= aP(1);
d.atm.f
= f(1);
d.atm.fHat
= fHat(1);
d.atm.fHat400 = fHat400(1);
%% Initialization
% -------------------------------- State -------------------------------- %
% The state vector is [position;velocity;quaternion;angular velocity;
% battery state of charge]. We initialize in a circular orbit with the
% satellite aligned with LVLH: z towards nadir and x along velocity.
%-------------------------------------------------------------------------% Initialize position and velocity (Relative to ECI) using orbital elements
[r0,v0] = El2RV( el );
% Initialize SpudNik-1's ECI to Body Frame quaternion.
% Assuming that Body frame is aligned with +x -y and -z of the LVLH frame
q0 = QLVLH(r0,v0); % Assuming that Body frame is aligned with LVLH frame
% Assuming that Body frame is aligned with +x -y and -z of the LVLH frame
% R1 = rotationVectorToMatrix(pi * [0 1 0]); %
% R2 = rotationVectorToMatrix(pi * [0 0 1]);
% R3 = R2*R1;
% q0 = QMult(QLVLH(r0,v0),Mat2Q(R3));
% Initialize rotational velocity about body frame
w0 = deg2rad(3)*Unit([1;1;1]);
% Initialize Battery level
b0 = 20000; % Battery level
% Define initial state vector
x = [r0;v0;q0;w0;b0]; % [r;v;q;w;wRWA;b] (you can add in wRWA for reaction wheels)
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% Plot one orbit and the sun vector looking down on the ECI Plane.
PltOrbit( el, d.jD0 );
% ------------------- Attitude Control & Disturbances ------------------- %
% This variable will be used in the control loop to specify the control for
% each timestep. For now, start with zero.
%------------------------------------------------------------------------ %
% Control
d.dipole = [0;0;0];
% Determine initial disturbance and power values
[xT, dist,power] = RHSCubeSat( x, 0, d );
%% Simulation Parameters and Outputs
% Specify the simulation duration and timestep then pre-define the arrays
% used for plotting the output to save time in the actual simulation
% ----------------------------------------------------------------------% Start a stopwatch timer (just used to time how long the simulation takes)
tic
% Initialize time as 0
t = 0
% Specify the number of orbits to simulate.
orbits = 24*60*60/Period(el(1));
% Determine the timestep and number of simulations to complete
tEnd
= orbits*Period(el(1));
dT
= 10; % sec
nSim
= floor(tEnd/dT);
% Define plotting array for state vector, recall x = [r;v;q;w;wRWA;b]
xPlot = [x zeros(14,nSim)];
% Define plotting arrays for disturbances
tDistPlot = [dist.tTotal zeros(3,nSim)];
dragPlot = [dist.fAerodyn zeros(3,nSim)];
radPlot
= [dist.fOptical zeros(3,nSim)];
tRadPlot
= [dist.tOptical zeros(3,nSim)];
tAeroPlot = [dist.tAerodyn zeros(3,nSim)];
tMagPlot = [dist.tMag zeros(3,nSim)];
tGGPlot
= [dist.tGG zeros(3,nSim)];
% Define plotting array for power level plot
powerPlot = [power zeros(1,nSim)];
% Initialize magnetic field as 0 and define plotting array
bPlot
= zeros(3,nSim+1);
% Initialize ground location and define plotting array
r = [ECIToPlanet( d.jD0, d.planet )*x(1:3) zeros(3,nSim)];
[lat, lon] = R2LatLon(r(1:3,1));
lat = lat*180/pi;
lon = lon*180/pi;
peiFlag = 0;
if (lat < 54) & (lat > 38)
if (lon < -45) & (lon > -80)
peiFlag = 1;
end
end
location = [lat;lon;peiFlag];
locationPlot = [location zeros(3,nSim)];
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% Initialize LVLH to body quaternion assuming that the frames are initially
% aligned and define plotting array.
qPlot
= zeros(4,nSim+1);
%% Run the simulation
%-------------------% Display the wait bar and define the parameters which drive it within
% the simulation loop
h = waitbar(0,'CubeSat Simulation');
upF = ceil(nSim/20);
kW = 1;
d2 = d
% Start the simulation
for k = 1:nSim
% Determine local magnetic field - the magnetometer output is proportional to this
[bField,bDotField]
= BDipole( x(1:3), d.jD0+t/86400, x(4:6) ); % Calculate
local magnetic field referenced to ECI frame
bBody
= QForm( x(7:10), bField ); % Transform local magnetic field from ECI
frame to body frame
% bDotBody
= QForm( x(7:10), bDotField );
% Determine magnetorquer dipole generated by control system
d.dipole = [0;0;0]; % Amp-turns m^2... example applied constant dipole of
[0.001;0;0]
% Propagate the state vector ahead by one time step using 4th order Runge-Kutta
x = RK4(@RHSCubeSat, x, dT, t, d );
% Obtain effect of disturbances and control
[xT, dist,power] = RHSCubeSat( x, t, d );
% Record current state vector
xPlot(:,k+1) = x;
% Record Latitude / Longitude
r(1:3,k+1) = ECIToPlanet( d.jD0+(t+dT)/86400, d.planet )*x(1:3);
[lat, lon] = R2LatLon(r(1:3,k+1));
lat = lat*180/pi;
lon = lon*180/pi;
peiFlag = 0;
if (lat < 54) & (lat > 38)
if (lon < -45) & (lon > -80)
peiFlag = 1;
end
end
locationPlot(:,k+1) = [lat;lon;peiFlag];
% Record disturbances and control
tDistPlot(:,k+1) = dist.tTotal;
dragPlot(:,k+1) = dist.fAerodyn;
tAeroPlot(:,k+1) = dist.tAerodyn;
radPlot(:,k+1) = dist.fOptical;
tRadPlot(:,k+1) = dist.tOptical;
tMagPlot(:,k+1) = dist.tMag;
tGGPlot(:,k+1) = dist.tGG;
% Record power state
powerPlot(:,k+1) = power;
% Record environmental properties
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bPlot(:,k+1) = bField; %Local magnetic field
% Record LVLH to body quaternion (ECI to body contained in xPlot)
qLVLH = QLVLH(x(1:3),x(4:6)); % Quaternion from ECI to LVLH
qPlot(:,k+1) = QMult(QPose(qLVLH),x(7:10)); % LVLH to ECI * ECI to Body = LVLH to
body quaternion
% Increment time
t
= t + dT;
% Drive progress bar if need be
if k/upF >= kW
waitbar(k/nSim,h);
kW = kW + 1;
end
end
% Close progress bar
close(h);
%% Plotting
%---------d1 = d
% Defining time axis
time
= (0:nSim)*dT;
[tP, tL] = TimeLabl( time ); % Creating the label for time axes
% Defining common Y-axis labels
yL = {'r_x (km)' 'r_y (km)' 'r_z (km)' 'v_x (km/s)' 'v_y (km/s)' 'v_z (km/s)'...
'q_s' 'q_x' 'q_y' 'q_z' '\omega_x (rad/s)' '\omega_y (rad/s)' '\omega_z (rad/s)'
'b (Wh)'};
% Ground track plot
GroundTrack( xPlot( 1: 3,:), time, d.jD0 );
% Location Plot
Plot2D( tP, locationPlot,
Location' );

tL,

{'Latitude', 'Longitude', 'Over PEI'}, 'CubeSat

% Change in Altitude plot
rMag = Mag(xPlot( 1: 3,:));
Plot2D( tP, rMag-rMag(1), tL, '\Delta h km', 'Change in Altitude' );
% Quaternion / Attitude plots
Plot2D( tP, xPlot(7:10,:), tL, {yL{ 7:10}}, 'CubeSat ECI To Body Quaternion' );
Plot2D( tP, qPlot, tL, {yL{ 7:10}}, 'CubeSat LVLH To Body Quaternion' );
Plot2D( tP, xPlot(11:13,:), tL, {yL{11:13}}, 'CubeSat Attitude Rate (rad/s)' );
% Power plot
Plot2D( tP, [xPlot(14,:)/3600;powerPlot], tL,
System' );
% Disturbance plots
Plot2D( tP, tDistPlot*1e6,
Total Disturbance Torque');
Plot2D( tP, dragPlot*1e3,
Force (mN)' );
Plot2D( tP, tAeroPlot*1e6,
Aerodynamic Torques')
Plot2D( tP, tMagPlot*1e6,
Magnetic Torques')
Plot2D( tP, tGGPlot*1e6,
Gravity Gradient Torques')

{yL{14},'Power (W)'},

'CubeSat Power

tL,

{'T_x (uNm)','T_y (uNm)','T_z (uNm)'}, 'CubeSat

tL,

{'F_x (mN)', 'F_y (mN)', 'F_z (mN)'}, 'CubeSat Drag

tL,

{'T_x (uNm)','T_y (uNm)','T_z (uNm)'},'CubeSat

tL,

{'T_x (uNm)','T_y (uNm)','T_z (uNm)'},'CubeSat

tL,

{'T_x (uNm)','T_y (uNm)','T_z (uNm)'},'CubeSat
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Plot2D( tP, radPlot*1e3,
Radiation Force (mN)')
Plot2D( tP, tRadPlot*1e6,
Radiation Torques')
% Environmental plot
Plot2D( tP, bPlot,
Frame)')

tL,
tL,

tL,

{'F_x (mN)','F_y (mN)','F_z (mN)'},'CubeSat
{'T_x (uNm)','T_y (uNm)','T_z (Nm)'},'CubeSat

{'B_x (T)','B_y (T)','B_z (T)'},'Magnetic Field (ECI

%Figui;
%% Animate Quaternion
%------------------------------% AnimQ( qPlot ); % qPlot(:,1:800) will do the first 800 points
% Stop stopwatch
toc

% %% Show orbit with sensor cone
% coneFOV = pi/4; % Cone pitch from satellite's nadir
% conePitch = pi/2; % Cone azimuth from EARTH's north (east is 90 deg)
% coneAzimuth = pi/2; % Defines the between
% object =
PackageOrbitDataForPlayback(d.jD0,tP,xPlot(1:3,:),xPlot(4:6,:),coneFOV,conePitch,coneA
zimuth,'ECI');
%
% planet = 'EarthMR';
% style = '3D';
% PlaybackOrbitSim(tP,object,planet, style);
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